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I. SUMMARY OFSTUDY 

The resu l t s  of a study by STL for NASA/Goddard to  determine feasibility 

of using the Able-M spacecraft as  a bus for a Mars  entry capsule a r e  

reported here .  

1964 and 1966-67. 

requirements  and to  determine the capability of the spin stabilized Able-M 

spacecraft for achieving them. Therefore,  a considerable portion of ttiis 

study has been devoted to trajectories,  midcourse guidance, and the physical 

constants which affect accuracy. In addition, the required modifications to  

the Able-M spacecraft  have been examined, a spacecraft communications 

system has been designed, and the problem of determining the distance by 

which the spacecraft  misses  Mars has  a l so  been considered. 

The principal objective is to  achieve an impact on Mars  in 

STL's  pr imary task  was to estimate the accuracy 

In addition to  these general objectives, the following specific constraints 

were  placed on the study; 

The capsule entry velocity at M a r s  should be l e s s  than 
25, 000 f t / s ec  

The communication distance should be minimized 

The Deep Space Instrumentation Facility should be used 

The m i s s  distance should be measured  

Mission opportunities in both 1964 and 1966-67 should 
be examined. 
were  to  be assumed. The ear l ie r  shots a r e  intended 
largely to establish physical constants and confidence in 
the system. 

A f ive  shot se t  (2 in 1964 and 3 in 1966-67) 

Within these constraints, STL has examined the over-all mission to 

determine the minimum modifications to the Able-M spacecraft required 

to  achieve an impact at  Mars.  A l a rge  number of t ra jector ies  were run 

analytically to discover those which me t  the launch velocity and communi- 

cations distance requirements, and at the same time the required approach 

velocity for  both the 1964 and the 1966-67 t ime eras .  Two specific t ra jec-  

tories which met  constraints were then searched in  on a prec ise  t ra jectory 

p rogram and studied, one for 1964 and one for 1966. Once suitable runs 
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were found by the search program, the m i s s  coefficients f o r  injection 

e r r o r s  were derived and the statist ics of the "uncorrected miss"  determined 

using Atlas-Agena-ABL 248 burnout conditions. 

orientation of the spin axis along the t ra jectory was determined and possible 

correction t imes  studied. This i s  done by computing the effect of a velocity 

kick along the spin axis in the impact parameter  plane-a hypothetical plane 

passing through the center of Mars and oriented perpendicular to the asymptotic 

approach velocity to  Mars  (Va). 
that is t imes  when thrusting along the spin axis will be most  efficient both in 

t e r m s  of fuel consumption and accuracy. Fo r  the 1954 trajectory,  the ear ly  

correction at about 2 days tends to co r rec t  out the major  components of 

e r r o r s .  However, since there  a r e  execution e r r o r s ,  the spacecraft  will be 

tracked for a few days and then a small  vernier correction will  be applied. 

At the same t ime the 

Nominal correction t imes a r e  then computed, 

On a spin stabilized spacecraft, a second major  correction is required 

l a t e r  in the journey to cor rec t  out other components of miss.  

sensitivities a r e  computed to  determine when another correction along the 

spin will reduce the remaining components of miss.  

f o r  the 1964 t ra jectory will occur in about 60 days and will a lso be followed 

by a small  vernier a t  abart 80 days. 

Trajectory 

This second correction 

The attitude i s  not known precisely, and the first midcourse correction 

will be in e r r o r  by the effect of the attitude e r r o r .  

c r a f t  will be  tracked between corrections, the e r r o r  in attitude determined 

and this  information utilized in computing the second correction. 

evaluate the ultimate accuracy of this technique, execution e r r o r s  and 

attitude e r r o r s  were  evaluated. Then tracking runs were made assuming 

the  three  DSIF tracking stations were used. In addition, the effect of the 

e r r o r  in our knowledge of the astronomical unit (AU) was a l so  evaluated. 

These  e r r o r s  were then considered in t e r m s  of the possible effect of the 

reorientation maneuver, used to increase communications capability, and 

a l s o  for a l ternate  reorientation maneuvers  in an  attempt to  increase impact 

probability. 

Therefore, the space- 

To 
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The general  conclusion is that the t ra jector ies  a r e  slightly better in 

1964 than they were in 1962 and that the probable m i s s  exclusive of the 

AU e r r o r  i s  l e s s  than 1.3 Mars  radii  ( 3 ~ ) .  

knowledge of the AU is possibly fairly large,  we have assumed conservatively 

that it is good only to  one pa r t  in 10 . 
may be as l a rge  as 7.5 Mars  radii. However, the AU may be improved 

pr ior  to the flight in 1964 (perhaps by Mariner R- 2) and in any event it can 

be expected that the 1964 flights themselves  should improve our knowledge 

of the AU by an  order  of magnitude. 

Since the uncertainty in our 

4 Including this AU e r r o r ,  the 3~ m i s s  

Calculations were  made of appropriate t ime of a r r iva l  correction af ter  

the reorientation maneuver (in 155 days), and it was determined that no 

difficulty would be encountered in insuring that Australia has the payload in 

sight a s  it impacts with Mars.  

effort was devoted to  the 1964 mission since this presents  the most  difficult 

problems, particularly those associated with improving the AU. Specific 

powered flight t ra jector ies  were not analyzed nor effects of range safe 

azimuths investigated. However, these have smal l  over-all effects. 

Throughout the t ra jectory study p r imary  

A spacecraft  communications system was studied which is compatible 

with the DSIF at 2300 mc. 

used which will supply the 25 w a t t s  required to t ransmit  a t  least  1 b i t / sec  

over 120,000, 000 n m i  (the required data for  the spacecraft  is 0.5 b i t s / sec  

excluding the data requirements of the m i s s  distance indicator. 

percent efficient tr iode with a ra ther  short  lifetime, a modified TWT which 

is 25 percent efficient or  the new Amplitron can be used a s  pa r t  of a 

recently designed STL transponder which will meet  the tracking te lemetry 

and command requirements  with an excellent margin  and with a very high 

probability success  since the components a r e  sufficiently light t o  be made 

redundant. 

approximately hemispheric coverage, an 8 lb  horn antenna surrounds the 

aft hydrazine engine. This antenna, which has a 70 degree beam width, 

can provide coverage throughout most  of the flight with a minimum gain 

of 5 lba. 

ment  proven in  the Able series.  

A number of alternative t ransmi t te rs  can be 

A 30 

In addition to  two ormi-directional antennas which provide 

Both the receiver  and decoder a r e  modified versions of equip- 

The digital telemetry unit, a l so  the s a m e  
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as that proved on the Able  series,  will provide sufficient storage to  take 

c a r e  of all m i s s  distance data storage requirements.  

Although tracking can be expected to  provide a very accurate  measu re  

of miss ,  perhaps a s  good a s  - t one-tenth M a r s  radius,  and perhaps so 

good as to make many other previously negligible e r r o r s  predominant, an  

infrared m i s s  distance indicator was a l so  studied. It consists of ther -  

mistor  bolometer mounted in  the focal plane of a telescope with a 1' 
field of view. The optical axis is rotated by the spinning of the spacecraft  

itself and by a constant speed revolving m i r r o r  which looks out the side of 

the spacecraft  so that the field of view sweeps out 4rr steradians. 

sweeps a c r o s s  Mars ,  a pulse whose width corresponds to  the angular 

diameter  is generated. 

even at 15,000:n m i  f rom Mars  is less than one percent. 

with a combination of tracking and the miss  distance indicator to  improve 

not only the AU measurement ,  but a lso the diameter  of M a r s  at the s a m e  

time. If two sensor units a r e  used, one with a fi l ter  to detect GO2 region 

and one a t  6 to  11 microns,  it appears  reasonable to  expect that the height 

of the Martian atmosphere may be measured and a l so  the surface temperature.  

When i t  

It i s  expected that the accuracy of the measurement  

It might be possible 
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. 
II. TRAJECTORY CONSIDERATIONS 

- 
The general  characterist ics of t ra jec tor ies  to Mars  in the  favorable 

periods of 1964 and 1966-67 were studied. 

the t ra jector ies  f o r  this mission a r e  the following: 

The constraints placed on 

1) The transmission distance at impact should be 
minimized. 

2)  The approach velocity must be l e s s  than 24,000 feet 
per  second, which is equivalent to 17, 500 feet per  
second V infinity. 

F o r  a set  of launch dates and t imes  of flight, the resulting launch velocities, 

t ransmission distances, and approach velocities were calculated and plotted, 

These resul ts  were  then cross-plotted to yield contours of constant launch 

velocity, constant transmission distance, and constant approach velocity, 

(V  infinity) on coordinates of flight t ime and launch date,  These contours 

a r e  presented in  Figures  11-1 and 11-2 for 1964 and in F igures  11-3 and 

11-4 for 1966-67. 

Figure 11-1 shows that the minimum transmission distance for a 

40, 000 f t / sec  injection velocity at 180 n mi altitude must be greater  than 

7 2 ,  d d d ,  000 n mi,  However, this  velocity does not meet  payload require-  

meiits. 

is about 38, 800 f t / sec .  

distance is about 80,000,000 n mi. 

Figure 11-2, a Voo of 18, 900, which corresponds to a n  approach velocity 

of 25,000 f t / sec ,  requires  a minimum transmission distance of 100 million 

n mi. However, since midcourse corrections will affect the approach 

velocity substantially, a 24,033 ft/sec approach velocity has  been used to  

insure that 25, 000 f t / sec  (Vas 17, 500 f t / sec)  constraint will be met .  

the minimum transmission is always greater  than 110 million n mi.  

Therefore,  we have concentrated on t ra jector ies  which fal l  with the 110 

to 120 million n mi  t ra jector ies .  

that there  is a band of launch velocities and launch dates open for this  

The maximum allowable injection velocity for a 450 lbs payload 

In t h i s  velocity range, the minimum transmission 

However, as can be seen f rom 

Thus, 

Referring to  Figure 11-1, we can see  
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mission between November 10th and December 25th. 

11-2, for these days, the minimum approach velocity is about 21, 300 

f t  / sec  . 

As seen on Figure 

The minimum energy trajectory does not produce the minimum 

approach velocity: that is, the 37,  100 f t / s ec  launch velocity on November 

21st gives an approach velocity of 21, 600 f t / s ec  while the minimum approach 

velocity, launched December 30th, requires  a launch velocity 39, 300 f t / s ec  

and this t ra jectory also results in a t ransmission distance of about 140 

million n mi. 

dimensional effects 

These differences a r e  largely the result  of the three-  

F o r  1966-67 both the minimum approach velocity and minimum launch 

velocity fall within the tranmission distance constraint, but once again 

do not coincide, (see Figure 11-3 and 11-4)- 

both Class  I and I1 trajectories,  (Class I is an  intercept at the first 

crossing of the Mars  orbit and a Class  11 is a n  intercept on the second 

crossing),  only the Class  I t ra jector ies  a r e  of interest  since for  the 

Class  I1 t ra jector ies  the approach velocity is too high., the  mission dura-  

tion is too great o r  the maximum transmission distance too great,  

although not the transmission distance at a r r iva l .  

Although these figures show 

Launch Window: When the 17,500 feet pe r  second constraint curves  

a r e  t ransfer red  to  Figures  11-1 and II-3, the minimum velocity required 

for each launch date can be determined and plotted as in Figures  11-5 
for 1564 and 11-6 for 1966-67 to yield launch window curves ,  In 1964, 

launch is possible between November 5 and December 25 and in 1966 

between December 25 and February 9 .  (It should be noted that the Atlas- 

Agena alone can  launch a spacecraft to Mars  for about 20 days.  ) In addition 

to the minimum launch velocity for  each date,  the maximum velocity for  

each date is also shown. 

required in 1964, it is not possible to launch with the same velocity on 

every day of the window and stay within the  constraints ,  It will there-  

fore  be necessary to adjust the launch velocity to suit the particular 

launch date used. 

If a launch window in excess  of 10 days is 

) 

As mentioned ear l ie r ,  a daily launch window for a 
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suitable launch a imuth (range safe) was n 

have little effect. 

t n ed, but th i s  will 

Typical Trajectories:  Two trajector ies  were  chosen as a basis for  

the analysis- one in 1964 and one in 1967. 

approximate injection conditions and other character is t ics  are given in 

Table 11- 1. 

The launch dates and 

The heliocentric phases of the two t ra jec tor ies  are represented in  

Figures  XI-7 and 11-8. The t ra jector ies  are shown circular  in the plane 

of the ecliptic and are viewed f r o m  above (North). 

distance at various t imes  is indicated by l ines drawn from the  spacecraft  

to the Earth.  

spacecraft is approximately in the plane of t he  ecliptic and Mars  is 

crossing the descending node. 

be made at about 155 days when the spacecraft  will tu rn  toward the sun. 

The impact occurs  approximately halfway between aphelion and per i -  

helion in 1964. 

launch when approach occurs much c loser  to aphelion, thermal  and solar  

power problems will be somewhat improved. 

occurs  even c loser  to perihelion, thus improving spacecraft performance 

even more.  

The t ransmiss ion  

In 1964, the spacecraft is coming up to  meet Mars  since the 

The reorientation for  communications will 

Since the Able-M spacecraft  is designed for  the 1962 

In 1966-67, the impact 

The approach geometry for  ver t ical  in pact is shown in Figures  11-9 
and 11-10. 

Ear th  are indicated. 

essentially Mars  impacts the spacecraft. 

the spacecraft  must first pass in front of Mars  and Mars  must then 

catch up. 

in  all directions away from the ver t ical  impact site. 

therefore,  to be on the sunlit side and facing Earth,  although it is 

possible for  the impact t o  occur on the dark side. The target  a r e a  is 

defined by the impact parameter  plane which i s  shown in Figure 11-11. 

The sunlit portion of the surface and the direction of the 

Since Mars  is going fas te r  than the spacecraft, 

This  means that to impact, 

The possible impact a r e a  extends approximately 90 degrees  

The impact tends, 
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Table 11- 1. Trajectory Character is t ics  

Injection 
Condition s 

Launch Date 

R (Megameters) 

a (degrees) 

6 (degrees) 

v (km/sec)  

y (degrees) 

AZ (degrees) 

a (Megameters) 

e 

i 
s2 

w 

0 
M 

Declination of V 
infinity vector 
(degree s) 

co 

Heliocentric Elements : 

a (Megameters) 

e 

i (degrees) 

s2 (degrees) 

w (degrees) 

0 
M 

Approach speed at 
M a r s  (km/sec)  

Arr ival  date 

Flight t ime (days) 

January 25, 1967 

6.669 
46.51 
30.40 
11.536 
15.79 

105.68 
-29.392 
1.211 

33.86 
-72.51 
85.96 
-0.03445 

-25.89 

6 0.179582~10 
0.1949 
3. 78 

-56.77 
152.58 

19.93 

3.99 

November 21, 1964 
~ ~~ 

6.624 
326. 36 
24.40 
11. 341 
-4.475 
11.40 
-48.149 

1. 136 
79.63 

321.60 
-326.7 
-51.00 

-4.77 

6 0.89325 x 10 
0.2195 
1. 69 

-122.20 
- 177.50 

4.12 

4.12 

September 7, 1967 July 26, 1964 
225 1 247 
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111. MIDCOURSE GUIDANCE 

A. UNCORRECTED MISS 

The m i s s  for the 1964 trajectory before midcourse corrections was 

calculated from the injection e r r o r s  and sensitivities. 

ma t r ix  of injection e r r o r s  is listed in Table 111-1 and the sensitivities to  

injection e r r o r s  a r e  listed in Table 111-2. 

represented graphically in Figure 111-1. 

e r r o r s  a r e  altitude and velocity, but these two e r r o r s  tend to be negatively 

correlated since the guidance laws used a r e  based upon guiding to be speci-  

fied energy. If we compare the 1964 coefficients with the 1962 coefficients, 

we find.that the velocity coefficient is slightly m o r e  in 1964 but, in general ,  

The covariance 

The sensitivities a r e  a lso 

As can be seen, the dominant 

they a r e  both very s imilar .  

parameter  and time-of-flight e r r o r  is l isted in Table 111-3. The one - s igka  

ellipse (4070 ellipse) in the impact parameter  plane is shown in Figure 111-2. 

The size of this ellipse compared to the radius of M a r s  showing a miss of 

two o rde r s  of magnitude clearly indicates that midcourse guidance is 

necessary.  

The resulting covariance ma t r ix  of impact 

B. MIDCOURSE PHILOSOPHY 

The basic philosophy of midcourse guidance for a spin-stabilized 

vehicle is to use two firings to cor rec t  two components of miss. This 

scheme depends on the fact that the vector effect of firing a correction 

along the spin axis,  viewed in the impact parameter  plane, usually rotates  in 

the impact parameter  plane as  the t ime of firing is varied. 

ple 1964 t ra jectory this effect is shown in Figure 111-3 and the corresponding 

numerical  values a r e  l isted in Table 111-4. The sensit ivit ies a t  any two 

t imes  can be used a s  basis  vectors to decompose the impact parameter  

e r r o r  into two components, which can then be removed by firing the appro- 

priate velocities at the two chosen t imes.  

with complete accuracy, the e r r o r  in impact parameter  would be eliminated. 

The fact that there  i s  always e r r o r  in the fir ings leads to modifications of 

the basic scheme to  improve the resulting accuracy. 

F o r  the s a m -  

If the two firings could be made 

The e r r o r  made in firing the f i r s t  correction can be essentially r e -  

moved by varying the t ime of the second correction to make i t s  sensitivity 
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Table 111- 1. 1964 Injection Covariance Matrix 

R 
Injection 

Flight Path Center of 
P A Radius f rom 6 

Declination Angle Azimuth Ea r th  Velocity 

-0.217 0.22 - 0.927 - 0.845 7.36 

( 10- l) ( ( l o -  l) ( l o -  l)  

0.1513 - 0.286 -0,331 0.985 - 1.98 

( l o -  l) ( l o -  l) ( 

0.1368 -0.256 -0.530 - 0.649 

( 10- l)  ( ( 

0.348 0.738 -2.55 

( l o -  l)  

0.0567 -4.13 

708 

3r Angles are  in degrees  

R is in 10 ft 

V is in f t l s ec  

5 

8 R = 10,000 FT 
= 10 fps 

100 200 3 00 400 

88 = 0.l0 

8 A  = 0.1' 
8a  = 0. lo, 

-200 

= 10,000 FT 
+8v = 10 fps 

100 200 3 00 400 
sp= 0.l0 

-1 00 

B*T M m  

Figure 111-1. Injection Sensitivities (1 964) 
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Table 111-2. 1964 235-Day Trajectory 
Injection Sensitivities 

6 Jnitial 6B .T 6B- R 6tf (Time of Flight) 
Conditions Mm Mm (days) 

Right Ascension a t o .  1’ -90. 21 - 11.53 0. 18283 

Declination 6 t o .  lo -36.86 2. 32 0.04985 

Flight Path p to. lo - 133.56 -24. 27 0. 29571 
Angle 
Azimuth A t o .  lo -36.40 -0.36 0.05449 

Injection Radius R t3 ,048  km 303.55 78.26 -2.75868 
f r o m  Center of (10, 000 ft) 
Ear th  

Velocity V I  4-3 m / s e c  382. 92 98.57 -1.74560 
(10 ft /sec) 

1 I I I ‘ I  I ’  I I 

- - 50 MARS RADII 

- - 
100 MARS RADII 

I 1 I I I 1  I I 
-800 -600 -400 -200 0 200 400 600 800 

MILLIONS OF METERS 

Figure 111-2. One -Sigma Uncorrected Miss  Ellipse (1964) 
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Table 111- 3. Covariance Matrix of Impact Parameter 
and Time of Flight Errors  

B * T  B *T tr 
B * T  (Mm) 0.7056393 x lo6 0. 1756395 x lo6 -0.3904821 x lo4 

BeR (Mm) 0.4540758 x lo5 -0.2722126 x 10 3 

tf (day 8 1 Symmetric 0.2909398 x l o L  

Table 111-4. Midcourse Sensitivities with Nominal Spin Axis 
Orientation (for 1964) 

Spin axis: C = - 0.17285 Equatorial 

C = 0.95896 
X 

Y 
C = -0.22444 z 

0 
2 
5 
10 
20 
40 
60 
80 
120 
160 

125.5 17 
25.842 
24.17 1 
21.956 
18.091 
12.439 
9.337 
7.931 
6.694 

4.994 

33.267 
6.47 8 
6.330 
6.230 
6.052 
5.695 
5.405 
5.178 
4.575 
3.428 

- 823.378 
- 138.96 
- 128.61 
- 116.03 
-92.867 
- 52.187 
-38.955 
-4.907 
t6.813 
t4.098 
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l i e  along the impact parameter  e r r o r  remaining af ter  the first correction. 

The final e r r o r  in this case  is  then essentially the e r r o r  associated with 

the second correction. 

sufficient rotation of the sensitivity vector with t ime in order  to reduce 

The success  of this method depends on having 

the amount of rotation required, the accuracy of the f i r s t  firing can be 

improved by making a vernier firing as soon af ter  the f i r s t  correction as 

there  is sufficient tracking data. 

e r r o r  associated with the f i rs t  correction since the direction of its effect 

is essentially fixed, but it can reduce the effect of the magnitude e r r o r  in 

the f i r s t  correction. 

tude e r r o r  effects since these a r e  perpendicular to  the nominal sensitivity 

vector. 

This firing cannot remove all of the 

It cannot remove the components' miss due to a t t i -  

The attitude e r r o r  for the second correction can be reduced by 

measuring the attitude with tracking af ter  the f i r s t  correction. The change 

in velocity a t  the t ime of firing the f i r s t  correction determined from t rack-  

ing ie compared with the predicted value using the nominal attitude. 

difference gives the attitude during the first correction. 

attitude is then used in calculating the t ime and magnitude of the second 

c o r  r e c tion. 

The 

This measured  

C. CORRECTION TIMES 

The selection of nominal correction t imes for  midcourse  corrections 

depends on tracking accuracy and midcourse velocity (fuel) requiremente.  

Sufficient t ime must  be allowed before the f i rs t  correction to determine 

the orbit accurately, but since the midcourse sensitivity normally decrea-  

s e s  with t ime, it is possible to trade-off fuel fo r  accuracy, Choosing the 

first correction t ime so that the effect vector lies along the ma jo r  axis of 

the uncorrected m i s s  ellipse in the impact parameter  plane, tends to 

minimize the required velocity. 

the ear ly  sensitivities so that we a r e  able to  do this. 

Fortunately this axis tends to be near 

Once the f i r s t  correction t ime is chosen, the optimum t ime (fromthe 

velocity or  fuel standpoint) for the second correction is the one that 

maximizes  the component of sensitivity perpendicular to the f i r s t  co r rec -  

tion in the impact parameter  plane. 
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The vernier t imes a r e  chosen as soon af ter  the main corrections a s  

sufficient tracking is  available. 

Applying the above cr i ter ia ,  the main-correct ion t imes  chosen for the 

1964 t ra jectory a r e  2 to 60 days, with verniers  a t  5 and 80 days. 

D. REORIENTATION EFFECTS 

The effects of orienting the spin-axis along a radial  line f rom the Sun 

immediately before firing a correction, were determined for 1964. The 

impact parameter  sensitivities resulting f rom this scheme are plotted in 

Figure 111-4, and the complete sensitivities a r e  listed in Table 111-5. 

Comparison of Figure 111-4 with Figure 111-3 shows that the sensi t i -  

vities ear ly  in the flight a r e  greater  with the nominal attitude then after 

reorientation, but that a greater rotation of sensitivity occurs  when the 

spin-axie always points away f rom the Sun. 

Comparison of Table 111-5 with Table 111-4 shows that the sensitivity 

of time-of-flight relative to impact parameters  is grea te r  with the r e -  

orientation than with the nominal spin-axis. 

time-of-flight, as is shown later.  

This fact i s  useful in correcting 

1. Midcourse Corrections 

For  the 1964 trajectory the f i r s t  correction sensitivity essentially 

This allows the l i e s  along the ma jo r  axis of the uncorrected m i s s  ellipse. 

high ear ly  sensitivity to  be used to remove the l a rge r  component of m i s s  

(in a statist ical  sense),  and tends to  minimize the total midcourse velocity 

required. Fo r  some t ra jector ies ,  however, the spin-axis orientation is 
such that the ear ly  sensitivities do not l ie near  the m a j o r  axis of the miss 

ellipse. This was the case  f o r  1962 until the powered flight was modified 

to  give a better orientation. 

An alternate and more flexible way of changing the orientation fob 

the f i r s t  correction is described below. 

attitude control system can only point the spin-axis toward the Sun, but an 

open-loop reorientation to any direction can be accomplished. Naturally, 

the open-loop maneuver h a s  more  e r r o r  than the closed-loop maneuver - 
6 percent of the reorientation angle as opposed to  one degree ( 3 4 .  

l a rges t  reorientation that could be required is 90 degrees.  

The closed-loop operation of the 

The 

This would 
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Table 111- 5. Midcourse Sensitivities with Spin Axis Oriented 
Away from Sun at  Each Fir ing (for 1964) 

Time 
(days) 

0 

2 

5 

10 

20  

40 

60 

80 

120 

160 

Spin axis away f rom sun 

76.69527 

17.9090 1 

18.15589 

18.13652 

17.61 116  

15.34145 

12.10109 

8.67 1850 

3.024065 

- 0.1190563 

19.84 17 8 

1.8780 15 

1.987486 

2.139776 

2.3903 3 5 

2.67 7833 

2.6801 14 
2.47 92 75 

1.79 1127 

1.06 1260 

~ 4 9 7 . 2  150 

-44.50518 

-47.32055 

-51.33610 

-58.08032 

-66.26693 

- 67.26030 

-62.94657 

-46.35862 

- 28.2 023 5 

occur i f  the spin-axis were  perpendicular to  the cr i t ical  plane (a low- 

probability occurrence).  The e r r o r  f rom this reorientation would be 

5 . 4  degrees.  

The procedure when the open-loop reorientation is used is to 

orient the spin-axis in the cri t ical  plane in the direction that corresponds 

to  the ma jo r  axis of the uncorrected miss ellipse. 

be determined accurately from tracking before and af ter  the first co r rec -  

tion, and the correction logic would be standard f rom that point to  the end. 

The attitude would then 

This method of making midcourse  correct ions has  not been 

studied in detail,  since it is not needed for 1964. However, it is obvious 

that in all cases  it caii save fuel and, for  t ra jector ies  with a very  poor 

spin-axis orientation with respect to  midcour se sensit ivit ies,  such a re- 

orientation could make the mission possible. 

2.  Midcourse Guidance Reorientation Technique 

A reorientation maneuver for improvement of the midcourse 

guidance was studied. 

caused by reorientation, and are only valid under the assumptions made. 

The attitude e r r o r s  derived he re  a r e  only those 



The resul ts  obtained must  be modified to include the effects of initial e r r o r  

and the spin-axis not contained in the ecliptic plane af ter  the reorientation 

is defined. 

The reorientation would be performed in two phases. 

the spacecraft  is rotated in the plane determined by the spin-axis and 

vehicle sun line until the spin-axis has the proper  angle with the sun line. 

At this t ime, a null sensor (the angle has been precalculated for a par t i -  

cular orientation and the null sensor  mounted in the spacecraft  to measu re  

the required angle) will  stop Phase I, and Phase I1 can be s tar ted.  

Phase I1 torques the spin-axis perpendicular to the plane formed by the 

spin-axis sun line. Since the plane is constantly changing while being 

torqued, the spin-axis moves around the sun line on a conical surface. 

The spin axis is rotated until the desired orientation is achieved. 

the angle between the sun line and the spin-axis is fixed and the use of 
ear th sensors  is deemed too complicated (expensive, and unreliable) , this 

rotation is best  accomplished by an open-loop correction. That is by 

rotating at  a predetermined rate for a fixed period of time. This method 

of correction resul ts  in an e r r o r  in spin-axis orientation discussed la te r .  

This e r r o r  is removed when the vehicle is reoriented to the sun to  increase 

the antenna gain. 

is shown in Figure 111-5. 

In Phase I, 

Since 

A diagram of the reorientation for midcourse guidance 

Although there  a r e  several  valid coordinate sys tems that may  be 

used to describe the spin-axis attitude, the one most  suited for  the des -  

cription of the reorientation system consists of two angles. 

angle measured  in the ecliptic and is the angle between the vernal equinox 

and the projection of the spin-axis in the ecliptic (a). 

angle between ecliptic projection and the spin-axis ( 6 )  as shown in 

Figure 111-6. 
the midcourse correction and o the start ing position. 

rotations will be necessary  to obtain the desired location. 

plane formed by the spin-axis and sun line and the second around the sun 

line as shown in Figure 111-7 , where H is the momentum vector,  6 is 

the f i r s t  rotation, 

vernal equinox and sun line, $ is the desired angle between the sun line 

The f i r s t .  

The second is the 

Let the subscript D represent  the desired orientation for 

In general, two 

One in the 

4 is the second rotation, L? is the angle between the 
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Figure 111-5. ReLrientation for Midcourse Guidance 
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VERNAL 
EQUINOX 

PROJECTION O F  SPIN AXIS C 

Figure 111-6. Angle Between Vernal Equinox and 
Projection of Spin Axis  in the Ecliptic 

ECLIPTIC 

Figure 111.7. Definition of Rotations Required to Reorient the Spin Axis 



and the spin axis projection, and assuming the original momentum vector 

l ies  in the ecliptic plane. The required angles + and 8 may be de te r -  

mined from the following equations: 

-1 s i n 8  cos + 
-.. . -_.____ + = sin 

7/1 - s i n  2 e sin 2 + 
-1 IiD = sin ( s in8  s in+)  

P r io r  studies of this  technique indicate that the variation in 8 can be 

controlled to a t  least  +1 degree by using a null sensor ,  while the angle + 
can vary LO. 06 of the desired + due to  p r h a r i l y  the variation in jet 

thrust. 

ing in: 

The partial  deviatives of the above equations can be taken resul t -  

IiD - sin 8 cos + - -  

c o s +  s i n 8  - -  . .  
”D - 
’+ f - sin20 sinZ+ 

aaD 
h e  
- 

- = - s in+ t an8  11 - tan bD cos + “ 1  2 0 a* 

?I+ I 

Figures  111-8 and 111-9 a r e  plots of the spin-axis attitude e r r o r  for 

typical desired orientations and Figure 111-10 is the total resultant e r r o r .  

The attitude e r r o r s  presented in the figures a r e  due only to reorientation; 

that is, any e r r o r  present in the attitude before the reorientation maneuver 

is s tar ted must  be considered and will modify the resul ts .  However, these 

can be measured  quite accurately after the midcourse corrections.  

Section V . )  
equations would have t o  be modified if  this is not the case.  

of this nature a r e  better performed after a particular orientation has  been 

(See 

Also the spin-axis was assumed to be in the ecliptic, and the 

Refinements 

selected. 
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Figure 111-10 Possible  Errors  e a s  a Function of bD 
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A major  trade-off in the consideration of the reorientation 
technique described here  is the weight added to the vehicle for the r e -  

orientation. 
required and initial orientation of the spacecraft. 

for any orientation a r e  not available, number for a typical rotation would 

be 3.46 pounds. This does not include the extra  weight 'required for  the 

bottle which would be approximately 4 .5  pounds for the above gas o r  does 

it include any additional gas requirements for the reorientation to  improve 

antenna gain. 

This weight is dependent upon the particular orientation 

While specific numbers 

* 

E. TIME-OF-FLIGHT CONTROL 

It is possible to control time of flight by using three  correction t imes 

This scheme is for -  t o  provide a three-dimensional s e t  of basis  vectors. 

mal ly  similar to the basic two-correction scheme except f o r  the number 

of dimensions. 

In order  to cor rec t  flight t ime to  i ts  nominal value with this scheme, 

excessively large correction velocities a r e  required for the 1964 t ra jec-  

tory. Fo r  example the correction velocity was calculated for  correction 

t imes of 2, 40, and 80 days. One-sigma velocities 99 and 282, and 246 

m e t e r s  per second a r e  required. 

m e t e r s  per second for  correcting impact parameter  only. 

These can be cornpared to  33 and 13.4  

These large velocities lead to  correspondingly la rge  execution e r r o r s .  

It is therefore desirable to  use some other scheme to control flight time. 

It has been found f rom the reorientation investigation that a correction 

fired late in the flight can change flight t ime enough to  control the t ime of 

day (as opposed to day and time of day) a t  impact without disturbing the 

impact parameter  significantly. The sen8 itivitie s af ter  r e  orientation for 

communications (at 160 days) a r e  shown in Table 111-6. F r o m  these, the 

correction required for a 12-hour t ime of flight correction is shown in 

Table 111-7 with the corresponding miss coefficients for  corrections a t  

three t imes.  

k 0 Rotation of the angular momentum by 45 
slug/ft2,  a spin ra te  of 2.86 revolutions/sec,  a 19. 50inch moment a r m ,  
and a gas with a specific impulse of 60 lb-sec/ lb .  

considers an inertia 2. 31 
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Time 

Table 111- 6. Midcourse Sensitivities with Spin Axis Oriented 
Away from Sun a t  160 Days (for 1964) 

160 - 0.1190563 1.06 1260 - 28.2 02 3 5 

180 - 0.03095806 0.7103651 - 19.25537 

200 -0.03333426 0.441 1343 - 12.03637 

220 - 0.0907 1587 0.1426888 - 4.468672 

230 -0.01813986 0.02966654 - 1.278563 

233 - 0.0422 1030 0.009801805 -0.37 19742 

Table 111-7. Comparison of Flight Time Sensitivity 
to Impact P a r a m e t e r  Sensitivity 

233 

Vel. for  12 h r  
(m/ sec) 

32. 2 

6B- T 
0 

1. 36 

230 9 .39  0. 170 0 .279 

220 2. 68 0 . 2 4 4  0 .382 

The velocity required for  this correction is about 10 m e t e r s  per 

second 5 days before impact for a 12-hour change in t ime of flight. 

This i s  sufficiently small to require no extra  fuel, but is la rge  enough 

to  be fired accurately. 

With this late correction the flight t ime will not be cor rec ted  to 

nominal, but the impact can be adjusted to  occur when it is in view of 
a particular tracking station. 

F. VELOCITY REQUIREMENTS 

The velocity required by the basic spin-stablized scheme is 

calculated from the sensitivities a t  the two correction t imes and the 

uncorrected miss. 

mat r ix  of velocity required i s  l isted in Table 111-8. 

For  the corrections a t  2 and 60 days, the covariance 

A conservative estimate of the velocity required for vern iers  is 

five percent of the main-correction velocity which is essentially 

negligible . 
111- 1 7 



The maximum velocity required for  Controlling impact t ime is the 

amount required to make a 12-hour change, which is about 10 m e t e r s  per  

second f o G  1964. 

nominal 1964 mission. 

Table 111-9 gives the midcourse procedures for  the 

Table 111-8. Covariance Matr ix  of Midcouree 
Correction Velocity (1964) 

v1 v2 
~ 

V1 (m/sec )  1091.478 

V2 (m/sec )  -80.95772 

- 80. '9 5 7 72 

180.51 3 

3a Values 

V1 99.0 m / s e c  

V2 40.2 m / s e c  
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Table 111-9. Midcourse Procedures  

1. Track from injection to 2 days. 

Calculate velocity V required with nominal spin 
axis orientation. 1 

F i r e  first midcourse. 

2. Track from 2 days to 5 days. 

Improve estimate of spin axis with tracking data. 

Calculate vernier velocity with new spin axis. 

F i r e  f i r s t  vernier. 

3. Track from 5 davs to nominallv 60 davs. 

Select precise  t ime for second correction (60 days 
nominal). 

Calculate velocity V2. 

Fi re  second correction. 

4. Track 20 days more .  

Calculate second vernier  velocity. 

Fire second vernier. 

5. Track 

6. If impact seems 'improbable, make no m o r e  fir ings,  and 
continue tracking. 

7. If impact s eems  probable, f i re  a t ime of flight correction at 
3 davs before the predicted t ime of impact. 

111-1 9 



IV. TRACKING STUDZES 

Tracking simulations were carr ied out assuming that the DSIF stations, 

Goldstone, Woomera, and Johannesburg, would be used. The observations 

used a r e  range rate,  azimuth, and elevation. The data r a t e s  and accuracies 

used depend on the tracking interval and a r e  listed in Table IV-I  for the 1964 

trajectory.  

accuracy, but a r e  low enough to be consistent with practical  data handling. 

The limiting factor for  the data near Mars ,  however, is not data handling, but 

the duty cycle of the transponder.  

assumed. 

for  different tracking inte:r-i;L?3. 

The data ra tes  in each case  were chosen to give sufficient tracking 

A duty cycle of 20 minutes every 6 hours was 

Data accuracy is a function of distance and therefore can be different 

There  a r e  three  uses  which w i l l  be made of tracking data in r e a l  t ime: 

1 )  Tracking between midcourse corrections,  o r  f rom injection to the 
first correction, is used to measure the existing m i s s  in the impact 
parameter  plane and compute the next midcourse correction. , 

Tracking before and after any midcourse correction, is used to  
measure  the vehicle spin axis at the t ime of that correction. 
This is done by comparing the effect of the correction on the 
velocity vector a s  indicated by tracking with the effect which had 
been predicted. 

Tracking af ter  the last midcourse correction will be used to 
estimate both the miss  at  the target and the astronomical unit 
(AU). In cases  of planetary impact, th i s  tracking data will be 
used to  compute the "time of a r r iva l  correction, " made 5 days 
before impact. 
In non-impacting cases,  the space bus will be t racked for  5 days 
after planetary encounter and the combined tracking data used to 
estimate the AU. (This technique is discussed further in Section 

2 )  

3)  

(This is discussed fur ther  in Section 111. ) 

v. ) 
Results of tracking simulations a r e  listed in the accompanying tables 

and figures. 

the impact parameter for 1964; the corresponding lu  e r r o r  ellipse (40 percent 

ell ipses) are shown in Figure IV-1. Tracking in each of the pertinent intervals 

is handled independently of a l l  other data--in other words no a pr ior i  data is 

used. By contrast ,  Figure IV-L. shows how tracking e r r o r s  decrease with 

with tracking t ime if there  is continous tracking with no interruption for  mid- 

course maneuvers. The curves9 in Figure IV-1, showing the semi-major  and 

semi-mi  icr axes of the uncertainty ellipse in the impact parameter  plane, constitute 

Table IV-2 shows the covariance mat r ices  of tracking e r r o r s  in 

IV- 1 



Table IV-I: Tracking Data Rates and Data Accuracies 
Assumed for  1964. 

Number of 
Observations 

1296 0-2  0. 1 0 . 2  0.06 0 .06  

2-5 0. 1 0 . 2  0 .06 0.06 1944 

5-60 0. 02 0 . 4  0 .03  0 .03  7128 

60-80 0.02 0 . 4  0 .03  0 .03  25 92 

230 - 240 0 . 3  0 . 4  0 .03  0 .03  19440 

Table N - 2 .  Covariance Matrices of Tracking E r r o r  
In Impact Pa rame te r  and Time of Flight 

B - T  (Mm) 

B. R (Mm) 

t (min) f 

B ' T  (Mm) 

B* R (Mm) 

tf (mi4  

B - T  (Mm) 

B' R (Mm) 

(m in) 

B* T 

. 1649712 

Symmetric 

1 . 1539556 x 10 

Symmetric 

.5664292 

Symmetric 

0 to 2 days 

B' R 

,4726328 x 

. 3519836 x los2 

2 to 5 days 

.9773596 

.4956680 x 10-1 

5 to 60 days 

. 1187881 

.2675030 x 10-1 

tf 

-. 4317268 x 10'' 

-. 1815996 x lo-' 

.2758052 x 

-. 1463136 

-. 1932438 x 10-1 

. 1933903 x 10-1 

-. 1623880 

-. 3490216 x 10-1 

,4764792 x 10-1 
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Table IV-2. Covariance Matr ices  of Tracking E r r o r  In Impact 
Parameter  and Time of Flight (Continued) 

60 to 80 days 

B' T B- R tf 

B - T  (Mm) .6196000 x 10-1 .ZOO5474 x 10-1 -. 2549503 x 10-1 

B'R (Mm) ,8537336 -. 2354486 

tf (min) Symmetr ic  , 3401498 

230 to 240 days 

1 B ' T  (Mm) . 1170998 x lo1 .1474244 x lo1 -. 2134248 x 10 

B - R  (Mm) . 2042405 x lo1 -. 2830538 x lo1 

tf (min) Symmetr ic  .4071728 x lo1 

Table IV-3. Covariance Matr ices  of Velocity Measurement 
E r r o r  at Time of First Correction for 1964 

0 to  2 days 

0. 30092992 x 10-1 

0. 52451780 x 10-1 

0. 36883753 x 10-1 0.46493368 x 10'' 

-0. 12761218 x 10-1 

0.17134702 

2 to  5 days 

0.22684370 0.26820352 

0. 56806384 

0.24395061 

-0.14950696 

1.10136622 
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Figure  IV-I  Cne-Sigma Tracking Error  Ellipses 
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U i  = m P S ,  bA - CE = M D E G  

024 POINTS PER MINUTE 

Figure  IV-2. Tracking E r r o r s  as a Function of Time (no midcourse corrections) 
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"lower bounds" on the expected tracking uncertainty, as opposed to  Figure IV-2  

which shows "upper bounds". 
0 

In practice, the previous tracking covariance matrix, plus a covariance 

mat r ix  of execution e r r o r s ,  constitute an  a pr ior i  covariance mat r ix  for  

tracking after each midcourse maneuver. 

reduce tracking uncertainties compared with the "upper bound". 

it can be seen that without using a pr ior i  data, tracking e r r o r s  contribute 

approximately the same as execution e r r o r s  to the final m i s s  viz, about 0.  9 
Mm, lu in  each direction. Therefore, we may conclude that with the  use of a 

pr ior i  data for  tracking, execution e r r o r s  will dominate over tracking e r r o r s  

Hence, i f  any additional effort is to be expended to reduce the final mi s s ,  the 

effort should be concentrated on reducing midcourse maneuver execution e r r o r s  

ra ther  than tracking e r r o r s .  

in the  mission does not appear to be called for.  

Using this  data will significantly 

In Table VI-I 

In particular, the use of additional stations ear ly  

Table IV-3 shows how accurately the spin axis can be determined f rom 

tracking. The technique is to estimate the velocity vector just  before a parti-  

cu la r  midcourse correction by using tracking data before the correction, and 

also to estimate the velocity vector just  after that correction using tracking 

data after the correction. The difference between those measurements  is the 

velocity correction which was actually fired.  By comparing the actual vector 

correct ion with the commanded vector correction, one can estimate both 

magnitude and attitude e r r o r s  in the execution of the midcourse correction. 

0 

Tracking af ter  the last  midcourse correction--from about 80 days to Mars  

Encounter o r  later--will  be used both to  estimate the m i s s  at the target and to 

measu re  the AU. 
be determined from this tracking data. 

uncertainty indicated--less than 100 km-- i s  probably optimistic due to the fact 

that we have not simulated all possible systematic e r r o r s  which tend to degrade 

th i s  accuracy. 

ever .  Similarly, the estimated e r r o r  in AU will probably be about 1:lO rather  than 

the m o r e  optimistic value indicated in Figure IV-4. 

Figures  Y - 3  -and IV-4 show how well thses  quantities can 

The final prediction of impact parameter  

Accuracy better than 1 / 4  Mars  radius should be obtainable, how- 
5 
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d i g u r e  IV--3. Standard Deviation Caused by the Uncertainty in Tracking Including the effect 
of AU: Semi-major Axis,  q, of Dispersion EZipse in  Impact Pa rame te r  Plane 

( M m )  V Flight Time in Days 
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FLIGHT TIME (DAYS) 

Figure IV Standard Deviation from Uncertainty of Sun’s 
Gravitational Constant, cr versus Time in 
Days PS 
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V. THE ASTRONOMICAL UNIT AND PHYSICAL CONSTANTS 

There  a r e  a number of systematic e r r o r s ,  as opposed to random 

e r r o r s ,  which affect  the accuracy of any interplanetary mission. Most 

prominent of these is the uncertainty in the astronomical unit (AU). 

These e r r o r s  and the resultant mi s ses  a r e  discussed below. 

A. ASTRONOMICAL UNIT (AU) 

1. Uncertaintv in AU 

Table V-1 shows the measurement of the AU since 1895 expressed 

in t e r m s  of solar parallax. 

Millstone a r e  correct ,  then the AU will not be a major  problem. How- 

ever ,  since those resul ts  a r e  inconsistent with the most recent resul ts  of 

dynamical methods, it must be assumed that the problem is not satis- 

factorily resolved a s  yet, and the inconsistencies in Table V-1 make 

one hesitate to  a s s e r t  that the knowledge of the AU is better than a few 

parts  in 10 It is quite possible, however, that by 1964 (and probably 

by 1966), improved data analysis and/or  additional data will reduce the 

uncertainty in the AU to, say, one part  in 10 As seen below, this degree 

of accuracy would make the mis s  due t o  the AU near-negligible for pur- 

poses of this mission. 

If the recent radar  measurements  of JPL and 

4 

5 

2. Miss Due'to AU 

Assessing the effect of the AU is made complicated by the fact 

that we a r e  not analyzing a single f ree  flight t rs jectory,  but an entire 

mission in which there  is  tracking, orbit determination and midcourse 

guidance to  consider.  

runs were made: 
In evaluating the miss ,  the following computer 

1) A "nominal" f r ee  flight t ra jectory was selected. 
Specifically, this  corresponds to injection on 
20 November 1964 into a t ra jectory which a r r ives  
in the vicinity of M a r s  on12 July 1965. 
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2) Within the computer, the planetary system was 
perturbed to correspond to  a change in the AU of 
3: IO4. 
the t ra jectory was "flown" out to  the vicinity of Mars  
a n d  the miss in the impact parameter  plane evaluated. 

Using the above nominal injection condition, 

This analysis provides the  miss  coefficient which would be applicable if  

there  were  no injection e r r o r s ,  and hence no midcourse corrections.  

To see what happens when midcourse corrections are made, the following 

additional runs were made: 

1:) Position and velocity in the unperturbed case were 
evaluated when the spacecraft was 5 days out (25 November). 
These values were used as "initial conditions" for a 
t ra jectory "flown" in the perturbed planetary system, 
and the mis s  in the impact parameter  plane evaluated. 

2)  Similarly, position and velocity were evaluated 80 days 
out (8 February 1965) f rom the unperturbed case ,  
were used a s  initial condition in a perturbed planetary 
system. 

These 

The interesting fact develops that the AU miss is essentially invariant 

out t o  80 days of the mission and that the miss coefficient is approximately 

1 . 4  earth radii  (or 2 . 5  Mars  radii)  per one part  in lo4 uncertainty in AU, 

3 .  Measurement 

A Mars  mission in 1964 could be used to determine the AU using 

the same technique as was used on Pioneer V in  1963. Briefly, this 

technique is to t r ack  a body in the sun 's  field and, on the basis of range 

rate  data f rom the tracking system, determine the mass of the sun, which 

from Kepler 's  third law gives the AU. 

cation, and the longer tracking interval and consequent increase in data would 

definitely make fo r  more  accuracy than was attained by the Pioneer V 

experiment. Howevery midcourse maneuvers during the course of the 

flight could seriously affect the accuracy of a n  4U determination made in 

this way because of the e r r o r s  introduced in the course of making the 

maneuvers,  Therefore,  a different approach, described below, will be 

used. 

Improvements in space communi- 
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The situation with a Mars probe is different f rom Pioneer V 
since it will pass near Mars  and the effect of a relatively close passage 

can be used to advantage in the determiriatio,i \>f AI.; Y i y - r e  V + 1  shows 

the change in range rate ,  (R ), measured f rom the center of the Earth for 

a 3 part  in 10 This  

curve is typical and has  the same general features for all interplanetary 

flights (see F igure  V-2 for  the corresponding Pioneer V curve) .  

af ter  a n  encounter with Marsr  this curve will undergo a radical change, 

as shown in Figure V-3, that is ,  the change in range r a t e  will be magnified 

approximately 100 t imes .  

4 change in  the AU as a function of t ime  f rom launch. 

But 

The reason for this  magnification may be understood by the 

following argument. 

sensitive to  the assumed AU; hence an  e r r o r  in the assumed AU will 

resul t  in a large change in the impact parameter  plane which shows up 

as a large difference in velocity after encounter with Mars ,  one component 

of which is directly measurable by observing the doppler shift. If this 

one camponent of difference velocity were exactly known, it would determine 

exactly one component of t he  impact parameter ,  o r ,  m o r e  correct ly  one 

relation between impact parameter magnitude and direction. 

assume that the AU is the only thing which caused the impact parameter  

to be different f rom our value calculated before encounter, we can con- 

clude that the impact parameter  must have been moved along the line which 

is the characterist ic direction of the AU partial  derivative in the impact 

parameter  plane. This  line, together with the difference doppler measured 

f r o m  the Earth,  provides the information necessary to resolve the ambiguity 

of the vector impact parameter and allows us to solve fo r  magnitude of the 

change in the AU. 

The predicted impact parameter  at Mars  is very 

If we can 

The principal inaccuracies in the determination outlined above 

a re :  

1 )  Accuracy with which the impact parameter  prior to the 
encounter could be determined; 

2)  Accuracy with which the difference doppler shift could 
be measured; . ’  

v- 5 



V-6 



C 

4 6 T E :  N O M I N A L  IMPACT PARAMETER = 25 MARS RADII 

1 2 3 4 5 6 7 B 
DAYS AFTER MARS ENCOUNTER 

Figure V-3. Effects of a 3 x 
Radii Nominal Impact Parameter 

Change in AU with a 25 Mars 
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3) 

The accuracy of tracking above in  the prediction of impact 

Influence of the uncertainty in  the GM of Mars .  

parameter  is estimated to be about 2 .5  Mars  radi i  (see Section IV) 

and may be directly connected to uncertainty in AU using the AU partial  

derivative of 2 .5  Mars  radii/lO AU. This yields an  expected e r r o r  in 

the AU of 1 part  in 10 

-4 
5 

A measurement of the difference doppler velocity should be 

easily good to 1 f t  /sec which in  turn would be 1 percent of the effect 

for  a 1 part  in 10 

fore  be of the o rde r  of 1 part  in lo6 in the AU. 

4 uncertainty in the AU. This  contribution would the re -  

The mass of Mars  will have approximately the  same  percentage 

effect on the difference Doppler shift as will the magnitude of the impact 
4 parameter ,  but the uncertainty in the mass of M a r s  is only 1 part  in 10 

which would be something like 0.01 f t  /sec in difference velocity, and thus 

is negligible. 

The above argument is intended only f o r  purposes of estimating 

the accuracy of the AU measurement by th i s  method. 

implementation of the measurement would be a least squares  f i t  to 

7 parameters ,  for example, the 3 positions and 3 velocities af ter  the 

last midcourse correction and the AU. 

4. Other Physical Constants 

The actual 

a. GM of the Earth and Station Locations 

The effects of uncertainties in the GM of the ear th  and in 

station location are  equivalent to e r r o r s  in position and velocity of the 

spacecraft at a large distance from the Ear th  (i. e . ,  an  e r r o r  in V 

vector).  

celled by performing a least squares  f i t  which would simply t r ea t  these 

effects as position and velocity e r r o r s  of the spacecraft  and the mid- 

course correct ions would be computed to eliminate them. 

00 
Therefore,  the effects on these e r r o r s  a r e  essentially can- 

b. Velocity of Light 

The largest  velocities which would be observed on a Mars  
5 mission would be of the order of 10 ft /sec (largely the velocity of the 
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Ear th  in its orbit) .  

par t  in 10 , th i s  would lead to a n  e r r o r  of 0 .1  f t / sec ,  which is negligible. 

Since the uncertainty in the velocity of light is 1 
6 

c .  Integration Accuracy 

The e r r o r s  associated with numerical  round off and 

truncation can be shown to  increase approximately as t 3’2 where t is 

the total  flight t ime. 

was being lost in the seventh place. 

2. 5 times as long, the effect would be four t imes  worse and would probably 

effect the sixth place, o r  of the order  of 0 .1  f t / sec .  

It is known that for the Pioneer V flight, significance 

Since a Mars  flight would be about 

d. Planetary Ephemerides 

The principal difficulty in the reduction of the JPL and 

Millstone radar  data has been the planetary ephemerides.  At present 

the radar  data a r e  inconsistent with the ephemerides to approximately 

the extent of 1 part  in  lo5 in the AU. It seems  probable therefore that 

the inconsistencies in the tabular positions of the planets could cause e r r o r s  

in  the order  of 0 .  25 Mars  radii. 

e. Ground Oscillator Stabilitv 

At the t ime of the encounter with Mars ,  the two-way t rans i t  

Since we will be attempting to t ime will be of the o rde r  of one-half hour. 

measu re  velocity to accuracies of O. l f t /sec,  the ground oscillator must  

not drift  more  than 0 . 1  f t fsec or lo-10 in one-half hour. 
C 

f .  Solar Radiation P r e s s u r e  

It is well known that a solar  radiation p res su re  can have a n  

F o r  example, STL studies of solar  appreciable effect on space probes. 

radiation on the RANGER-MARINER* Venus probe for  1962 indicates that 

for that particular spacecraft configuration is between 9, 000 and 6, 000 km, 

depending on the particular t ra jectory (flight t ime)  involved. However, 

* This  work was performed under the RANGER Targeting Studies for 
Lockheed. 
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this  effect is to a large extent predictable in advancep with the residual 

uncertainty amounting to approximately 5 to 10 percent of the total  effect. 

F o r  the Mars  mission in question, we estimate that the unpredictable 

portion of the mis s  due to  radiation pressure  will be less than 1 ,000  km, 

and th i s  value may be appreciably decreased as better measurements  of 

the solar  constant become available. 
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VI. RELATIVE EFFECTS OF ERROR SOURCES 

The e r r o r  sources  that affect the final accuracy of a particular 

flight can be diGi'ded into three categories- -midcourse execution e r r o r s ,  

tracking e r r o r s ,  and physical-constant e r r o r s  (the launch e r r o r s  enter  

into the e r r o r  sources  as magnitudes of the midcourse correction). Of 

these sources ,  the dominant one for 1964 is the AU e r r o r .  

the AU e r r o r  should be reduced to about a tenth of its 1964 value. 

each case  the accuracy is not limited by tracking. 

tracking accuracy is always desirable, the three DSIF stations yield 

sufficient accuracy to  accomplish the mission. 

In 1966-67 

In 

Although additional 

A. EXECUTION ERRORS 

The execution e r r o r  sources consist  of magnitude e r r o r  and 

The magnitude e r r o r  is a result of the uncertainty in attitude e r r o r .  

converting fir ing t imes to velocity and in start ing and stopping the 

engine. 

uncertainty in the attitude of the booster stages and the tip-off e r r o r  

occuring in the separation of the spacecraft  f rom the booster. F o r  the 

succeeding corrections the attitude e r r o r  is reduced by tracking before 

and af ter  the f i r s t  correction. 

to  the velocity desired and is estimated to be one percent ( l u ) .  
shutdown e r r o r  is independent 'of desired vetocity and is estirnafed tio ;be 

0 . 1  me te r  per second ( l a - ) .  

F o r  the first correction, the attitude e r r o r  is a resu l t  of the 

The firing time e r r o r  is proportional 

The 

The impact parameter e r r o r s  caused by velocity magnitude 

e r r o r s  can be reduced by firing a vernier  correction soon after the main 

correction, but this does not remove the effects of the attitude e r r o r s .  

The final estimate of execution e r r o r s  after the second vernier  in the 

impact parameter  plane is 0 . 2 3  M a r s  radi i  for B. T. and 0.15 for B; R. 

B. TRACKING 

Tracking e r r o r  enters the system in the prediction of impact 

parameter  and t ime of flight, and in the measurement  of attitude. The 
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tracking e r r o r s  in the impact parameter plane at the end of the second 

vernier a r e  0 .23 in M a r s  radii for  B. T and 0 .27  for B' R,  and the 

attitude measurement  e r r o r  i s  0.17 in B; T and 0. 2 in B-' R. 

C. PHYSICAL CONSTANTS 

The only physical constant which has  a significant effect on 

this mission is the astronomical unit (see Section V).  F o r  1964 it is 
assumed that a one-sigma uncertainty of one part  in 10 The 

e r r o r  in impact parameter  plane after the second vernier  in the 1964 

t ra jectory is expected to be 1. 75 Mars  radi i  in B' T and 1. 75 in B*R for 
4 

an e r r o r  of one part  in 10 . By 1966, it is expected that the uncertainty 

in AU will be reduced by an order of magnitude. 

M a r s  will then be comparable with the other e r r o r s .  

4 exists. 

The resultant A U  m i s s  at 

D. COMPARISON OF EFFECTS 

Table VI-1 show the 

e r r o r  sources  for the 1964 trajectory.  

impact parameter are given in units of Mars  radi i  for convenience 

in visualization. 

distribution, the t e r m  

significance, but the numbers given a r e  useful for  approximate 

comparisons. 

.'"one-sigma" effects of the separate  

The ultimate components of 

Since the execution e r r o r s  do not have a Gaussian 

WPne-s~gma" does not exactly have its usual 
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Table VI-1. Final Accuracy 

After Second Correction 

Spin Axis Measurement (from tracking) 

Magnitude Execution (one percent 
(50 m / s e c  firing) 

Tracking E r r o r  (5-60 days) 

RSS 

After Second Vernier 

Spin Axis Measurement (from tracking 

Magnitude Execution (0 .1  m/sec  shutdown 
e r r o r )  

Tracking E r r o r  (5-60 days)* 

(60-80 days) 

RSS 

In Mars  radii ,  RSS = 

AU 

RSS 

In Mars  radi i  ( l u )  = 

(3u) = 

B' T 
Mm 

0.582 

4. 67 

0 .753  

4. 76 

0. 582 

0.793 

0.753 

0.249 

1 .26  

0 .  36 

6. 00 

6. 1 4  

1 .79  

5. 37 

B' R 
Mm 

0.736 

2. 70 

0.163 

2. 80 

0. 736 

0. 518 

0 .163  

0.922 

1. 30 

0. 38 

6.00 

6.  15  

= 1 .79  

= 5.37 

* The 5 to 60 day tracking is included during the second vernier  
correction because this approximate method is conservative and 
s t i l l  gives good resul ts .  
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VI1 0 COMMUNICATION SUBSYSTEM 

A. REQUIREMENTS 

The communication requirement for the Able-M bus is to  t ransmit  data 

f o r  a period of 8 months and for distances ranging from that a t  lift-off to  the 

Mars-Ear th  distance a t  arr ival .  

munication distance i s  approximately 120 million miles.  

system is compatible with the NASA Deep Space Instrumentation Facility (DSIF) 

as projected for the 1964-66 era. 

with 5 db margin,  a one bit per  second command and telemetry capability using 

the present  DSIF 85-foot antennas and 10 kilowatt t ransmit ter .  Should the pra-  

jected 21 0-foot antennas and 100 kilowatt t ransmit ter  become available during 

the program, communication rates  up to  8 bits per  second at maximum with a 

F o r  the t ra jectory chosen the maximum com- 

The communication 

At maximum range the system will provide, 

5 db margin will be possible. 

However, unlike the previous Able-M study in which experimental  data 

was telemetered directly f rom the spacecraft, there  appears  to be no r ea l  

need for high-speed te lemetry in the present  Able-M bus concept. 

mental  resul ts  a r e  to  be relayed to  Ear th  by the experimental  capsule te lem- 

etry,  leaving only diagnostic data t o  b e  handled by the te lemetry system on the 

bus vehicle. __With a bit ra te  of one per  second and an  antenna gain of 8,.&,,k& 

t ransmi t te r  power required a t  M a r s  is 25 watts. However, to achieve the r e -  

quired antenna gain a t  M a r s  a simple attitude reorientation maneuver must  be 

performed a t  approximately 155 days, P r i o r  to reorientation, the directional 

antenna will nevertheless b e  pointed in the general direction of Earth,  thereby 

allowing for the use of the 2. 5 watt dr iver  of the 25-watt power amplifier for 

about half the flight (1  10 days), 

directional antenna will be provided for use in case of vehicle attitude fai lure  

during the boost phase. 

s t a t e  dr iver  f o r  the TWT will provide communication with the vehicle. 

B. GENERAL DESCRIPTION 

All experi- 

--% ., ~ -- -.. ” .-.*-- ~ 

In addition to the directional antenna, an  omni- 

Also during this  phase the 50 mw output of the solid 

The basic communication system to be employed for the Able-M bus is 
This system provides tracking, te lemetry and com- shown in Figure VII-I .  

mand in an  integrated loop. To meet  thelifetime requirements  of the mission 
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with high reliability, virtually the entire communication system has been made 

redundant. Paral le l  operation of receivers ,  t ransmi t te rs  and command de- 

coders  insures  a minimum likelihood of additional unreliability due t o  the added 

redundancy. 

signal into two redundant paths without incurring a noise penalty due t o  rf 

losses .  

The single low-noise preamplifier allows the separation of the 

In operation the DSIF transmitter will impress  on the spacecraft  rece ivers  

a highly stable radio frequence signal. 

through the receiver  frequency at which time the  receiver locks on the t rans-  

mitted signal. 

herent tTansmitter: frequency which is a p rec i se  fraction (240/221) of the 

received frequency. The coherent transponder allows the extraction of accu- 

r a t e  doppler information by comparison of the ground t ransmit ter  and ground 

received frequencies. Doppler recovery is espec ially important in this mis -  

sion because spacecraft  velocity changes will be used to  estimate the m i s s  

distance at  Mars. 

The t ransmit ter  frequency is swept 

The phase-lock receivers  then permi t  the generation of a co- 

Ground commands a r e  phase-modulated on the  c a r r i e r  in such a fashion 

that  the resultant spectrum l ies  outside the receiver  phase-lock loop band- 

width. 

t o r  as e r r o r  signals. 

command decoders. 

The commands therefore appear at the output of the loop phase detec- 

Thus these signals can be extracted and applied to  the 

The diagnostic information from the various spacecraft  subsystems is 

encoded by the digital telemetry unit. 

and phase modulates the transmitter dr iver .  

this  information. 

readily be transmitted between the DSIF sites and NASA headquarters.  

The information emerges in binary code 

The ground receiver demodulates 

The information format  is compatible with teletype and can 

C. TELEMETRY POWER BUDGET 

The binary te lemetry data is to  be encoded onto the rf c a r r i e r  by bi-phase 

modulating a sinusiodal subcarrier of frequency f m  = 1024 cps and then phase 
modulating the  c a r r i e r  with t h i s  subcarr ier .  Both the c a r r i e r  and subcar r ie r  

will be coherently demodulated in the ground stations through the use of phase- 

lock loops. The c a r r i e r  loop which t racks  the c a r r i e r  frequency spectral  l ine 
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i s  to be designed for a c losed loop noise bandwidth of 3 cps. 

of the minimum energy trajectory f o r  t h e  Able-M mission has  iqdicated, that, 

f o r  the two-way doppler ra tes  to  be encountered, and for  a loop bandwidth of 

3 cps, the resulting phase e r r o r  is l e s s  than 0.1 radians at all ground stations, 
except during the boost phase. 

l ine is given by 

An examination 

The power of the c a r r i e r  frequency spectral  

where S i  = total received signal power at the antenna, watts 

S = received c a r r i e r  power at the antenna, watts 
C 

p = peak modulation index of subcar r ie r  on c a r r i e r ,  radians. 

After coherent demodulation of the subcar r ie r  the resultant binary digits 

a re  passed through an  averager,  which is the optimal f i l ter  in the presence of 

white noise. Since the receiver i - f  passband is l imited to include only the  f irst  

o rde r  subcar r ie r  sidebands, the signal-to-noise ra t io  at the output of the aver-  

a g e r  at the decision t ime is given by 

where Oi = 

H = bit rate, bits/sec.  

receiver  noise spectral  density re fer red  to the antenna, 
watts /cps  

Equation ( 6 . 2 )  can be considered to  result  f rom 
2 

(p) S 1 i 1) 

2) 

A received data subcarr ier  power of 2 J 

Equivalent noise bandwidth of demodulator and averager  of H/2. 

The desired accuracy of the te lemetry l ink is assumed to correspond to 
- 3  a bit e r r o r  probability of 10 

r a t io  (So/No) equal to  9. 5 db. 

. This accuracy requires  a signal-to-noise 

This value could be reduced through the use 
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of e r r o r  detecting and correcting codes, but this is not considered justifiable 

for  this application. 

The peak modulation index (p) utilized for the link was chosen consistent 

with the following requirements:  

1) The performance margin will be  approximately the same  in 
the c a r r i e r  and subcarr ier  loops for the required data rate. 
This margin can be changed in the actual design i f  desired to 
provide a higher bit rate. 

2) Smaller values of p will be prefer red  due to  minimization 
of energy content of higher o rde r  subcar r ie r  harmonics. 

The telemetry power budget of Table VII-1 reflects the performance of the 

l ink for a spacecraft  t ransmit ter  power of 25 watts and spacecraft  antenna gain 

of 8 db. 

52.8 db at 2300 Mc. F o r  the 1 bit /sec data rate,  these system parameters  

provide a 5 db margin in each loop at Mars  distance with a peak modulation 

index of 0. 8 radians. 

The ground stations (DSIF) possess  an 85-foot antenna with a gain of 

In Table VII-1 the required signal-to-noise ra t io  for threshold in  the c a r -  

rier loop is given as 6 db. 

of phase-coherent devices in the presence of noise has  indicated that this is 

reasonable level of performance to be expected f rom the Able-M telemetry 

receiver .  

Knowledge and experience regarding the capabilities 

D. COMMAND POWER BUDGET 

The modulation technique for the command link will differ slightly f rom 

the  te lemetry link. The sinusoidal subcar r ie r  which is phase modulated onto 

the  r-f c a r r i e r  will be frequency modulated (FSK’d) with the binary command 

data. 

command decoder. 

lock  loop of noise bandwidth equal to 10 cps. 

countered, the resulting phase e r r o r  is well within 0. 1 radian for a loop of 

this bandwidth. 

at the  input to the loop f i l ter .  

subcar r ie r  frequency deviation due to  the binary data is f 2 5  cps. 

command signal at r - f  o r  i-f  can be represented by 

This will allow non-coherent detection of the subcarr ier  with an  existing 

The ca r r i e r  will be coherently demodulated by a phase- 

For  the doppler ra tes  to be en- 

The subcarrier will appear as an instantaneous phase e r r o r  

The subcar r ie r  frequency is 125 cps and the 

The received 
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Table VII-1. Able-M lTelemetry,Power Budget 

1 ,  Transmit ter  Power 

2. S /C  Transmission Circuit Loss 

3. S / C  Antenna Gain 

4. Space Loss  (R = 220 x 10 me te r s  9 
6 (2300 Mc' = 1 1 9 x 1 0  n m i )  

25 watts 

1 db 

8 db 

266.5 db 

5. Polarization Loss 1 db 

6. 

7. 

8. 

9. 

10. 

11. 

12. 

13. 

i 4. 

Ground Antenna Gain 

Ground Transmission Circuit Loss  

Net Circuit Loss 

Total Received Power 

Receiver Noise Spectral Density ( 50°K) 

Car r i e r  Modulation Loss  

Received Car r i e r  Power 

C a r r i e r  Loop Noise Bandwidth ( 3  cps) 

Carrier h o p  Noise Power 

15. 

16. Ca r r i e r  Performance Margin 

17. Subcarr ier  Loss (to Carr ie r ,  e tc . )  

18. Received Data Subcarr ier  Power 

19. 

Threshold SNR in Car r i e r  Loop 

Equivalent Noise Bandwidth ( I  bit /  sec) 

20. Subcarr ier  Loop Noise Power 
-3  

21. 

22. 

Required S /N  fo r  PBE = 10 

Data Performance Margin for 1 bi t /sec 

52.8 db 

0. 3 db 

208 db 

-164 dbm 

dbm 
CPS 

-181. 7 - 
1. 5 db (f3 = 0.8) 

-165.5 dbm 

4.8 db 

-176.9 dbm 

6 db 

5 .4  db 

5.7 db 

-169.7 dbm 

-3 db 

-184.7 dbm 

9 . 5  db 

5 .5  db 
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E(t) = E. 1 sin [aC t t p sin (am Aw) t ]  ( 6 . 3 )  

where E. = magnitude of received signal 
1 

o = c a r r i e r  radian frequency 
C 

p = peak modulation index 

w = subcarr ier  radian frequency m 

Aw = radian frequency deviation of binary data on subcarr ier .  

After coherent c a r r i e r  phase detection and filtering the subcar r ie r  signal 

is given by 

As can be observed from Equation ( 6 . 4 ) ,  the presence of a signal at f 

= 150 cps represents  a one and the presence of a signal at f 

represents  a zero. The subcarr ier  demodulator consists of bandpass f i l ters  

at 100 cps and 150 cps followed by envelope detectors, low pass  f i l ters  and a 

subtractor.  

t Af m - Af = 100 cps m 

This non-coherent reception resu l t s  in a signal-io-nsise ratic! c?f 

where B = equivalent noise bandwidth of receiver.  

a Gaussian frequency response and a noise bandwidth equal to the bit rate.  

a probability of a bit e r r o r  of 10 

coherent FSK system is 1 3 . 8  db. 

The low pass  f i l t e rs  have 

F o r  
- 3  the required value of S /N for  this non- 

0 0  

Table VII-2 gives the power budgets fo r  the command link for  ground t rans-  

mitter powers of 10 KW and 100 KW, which correspond to the DSIF ground sta- 

tion capabilities. 

noise figure of 10 db. 

The spacecraft has a n  antenna gain of 8 db and a receiver 

The ca r r i e r  loop margin  is shown as 6 db and the data 
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1. 

2. 

3. 

4. 

5. 

6. 
7. 

8. 

9. 
10. 

11. 

12. 

13. 

14. 

15. 

16. 

17. 

18. 

19. 

20. 

21. 

22. 

Table VII-2. Able-M Co'mmand Power Budget 

10 KVJ Transmi t te r  IO@ K W  Transmit ter  

Total Transmit ter  Power 70 dbm 
Ground Transmission Circuit 
Loss 0.  3 db 

Ground Antenna Gain 52 db 
Space Loss ( R = 2 2 0 x 1 0 L m e t e r s  9 
(2100 Mc) =119x1O0nmi )  

Polarization Loss 

S/  C Antenna Gain 

S / C  Transmission Circuit 
Loss 

Net Circuit Loss  

Total Received Power 

Receiver Noise Spectral  
Density 

C a r r i e r  Modulation Loss 

Received Car r i e r  Power 

Car r i e r  Loop Noise Bandwidth 

Noise Power at Output of 
Carrier Loop 

Threshold SNR for C a r r i e r  
Loop 
C a r r i e r  Performance Margin 

Subcarr ier  Loss  (to Carr ie r ,  
e tc . )  

Received Data Subcarr ier  
Power 

Equivalent Noise Bandwidth 

Noise Power at Output of 
Subcar r ie r Demodulator 

Required S / N  for PBE = 10 

Data Performance Margin 
for  1 bi t /sec 

(10 CPS) 

(1 FPs)  

- 3  

265.7 db 

1 db 

8 db 

1 db 

208 db 

-1 38 dbm 

dbm -164 - 
CPS 

4.0 db (p = 1.27) 

-142 dbm 

10 db 

- 1  54 dbm 

6 db 

6 db 

2 .7  db 

-140. 7 dbm 

0 db 

-164 dbm 

13 .8  db 

9 .5  db 

80 dbm 

0 db 

51 db 

265. 7 db 

1 db 

8 db 

1 db 

208.7 db 

-128.7 dbm 

dbm 
CPS 

-164- 

13. 3 db (p = 2.0) 

-142 dbm 

10 db 

- 154 dbm 

6 db 

6 db 

1.8 db 

-130.5 dbm 

0 db 

-164 dbm 

13.8 db 

19.7 db 
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performance marzin considerably greater  e 

index will be adjusted to provide nearly equal margins for the c a r r i e r  and data 

if de sir ed. 

In the actual design the modulation 

E. SPACECRAFT EQUIPMENT 

The spacecraft  communication equipment planned for  the Able-M bus was 

shown in Figure VII-I. 

redundant counterparts. 

antenna throughout the entire flight while the omnidirectional antenna provides 

back-up capability in case  of attitude control failure. 

coders  will operate continuously. 

interchanged upon command. 

tics is given in  Table VII-3. 

Transmitter,  receiver  and command decoder will have 

Spacecraft attitude permits  use of the directional 

Both receivers  and de- 

The remainder of the major units may be 

A list of equipment and its important charac te r i s -  

1. Transmit ter  

The choice of transmitter configuration depends pr imari ly  on the 

power required for communication at maximum range. 

budget (Table VII-I) indicates that 25 watts will be needed at Mars.  Only elec- 

t ron  tubes such as  the  triode, traveling wave tube, and amplitron a r e  presently 

capable of delivering this power level. A particular triode amplifier which will 

sat isfy the present  requirements i s  the P31H triode amplifier made by Resdel 

Engineering Co. The P31H has an  overall eiiiciency of 30 percent utilizing an  

M L  7855 ceramic-metal  planar triode. 

packaged with the power supply,  the total weight is 6 pounds. 

gain to 10 db, the P31H demands a dr ive power of 2. 5 watts for f u l l  output. 

important drawback in using a triode is the relatively short  lifetime of the de- 

vice. 

watt tr iode l ife is estimated a t  1000 to  2000 hours. 

amplifier would be in operation only about 500 hours since it will be commanded 

on for  brief periods every day after 11 0 days. 

The telemetry power 

It weighs 21 ounces by itself, and when 

With a minimum 

The 

Compared to the ten thousand plus hours  predicted f o r  TWT’s, the 25 

Of course,  the tr iode 

At present there  i s  no light-weight rugged TWT available with the r e -  

quired 25 watt output capability at 2300 Mc. Manufacturers of the TWT’s a r e  

of course  working to  extend the power capability of their  tubes. In particular 

the  Watkins-Johnson WJ-227 and Hughes 349H a r e  capable of 12 to 14 watts a t  
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band center a'id. could 'le optimized at 2300 Mc. 

been scaled to 20 watts over the 3. 0 to 3. 6 Gc hand with a n  efficiency of 25 

percent. 

reduction from 20, 000 to 10, 000 hours. The TWT would be a desirable solu- 

tion to the t ransmit ter  problem because of i t s  high efficiency, relaibility and 

ruggedness. 

fac turer  to scale a tube to  the required power level and frequency with a mini- 

mum expenditure of t ime and money. 

One version of the 349H has 

However, the tube life would be adversely affected with a probable 

However, the decision would becdependenton the ability of a manu- 

The Raytheon QKS 997 amplitron is available with a 25 watt minimum 

capability at precisely 2300 Mc. The device efficiency is 60 percent (not 

including heater),  the power gain is 20 db, and the weight only one pound. 

However, there  a r e  three  problems associated with using an  amplitron in the 

Able-M bus. The f i r s t  concerns the unknown lifetime of the device which is a n  

important consideration for a system which must  survive for 8 months. 

the manufacturer predicts lifetimes comparable to  those of TWT's, the addi- 

tional back bombardment of the amplitron cathode r a i se s  questions as to the 

Although 

justification for these predictions. 

The second problem is  the need for a very special power supply for 

re l iable  operation. The amplitron, while operating in the signal-locked mode, 

m a y  be triggered into a noncoherent o r  noisy mode by power supply or  signal 

input transients.  Restoration of normal drive, for  example, will not re turn 

t h e  tube to normal operation. 

duced and then gradually increased until coherent operation is  restored. 

phenomenon was actually observed at STL during t e s t s  of a Raytheon amplitron. 

Instead the power supply voltages must  :.)e re-  

This 

A third questionable amplitron characterist ic is the la rge  s t ray  mag- 

netic field. 

bus ,  a la rge  s t r ay  field is generally undesirable, 

ably be reduced to  1 gamma by shielding with no increase  in tube weight, this 

is a major  effort and no results a r e  available yet. 

Although there  a r e  no magnetic experiments aboard the Able-M 

Although this field can prob- 

The choice of a dr iver  for the final power amplifier mus t  a l so  be predica- 

t ed  on high efficiency, light weight and high reliability.. 

bility a r e  vi ta l  since this lower power amplifier mus t  function continuously 

Efficiency and rel ia-  
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‘ 0  

virtually the entire 8-month mission. A solid-state t ransmit ter  developed a t  

STL which could supply the 2 ,5  wa t t s  was considered. However, even though 

the reliability of this transmitter is in  excess of 10, 000 hours,  the efficiency 

is not much better than 10 percent. 

efficiencies of 20 percent not including DC/DC converters.  

Watkins-Johnson WJ-237 and Hughes 314H traveling wave tubes are  nominally 

2 watt tubes and operate in this frequency range with minimum efficiencies of 

20 percent. 

the fact that the tube will supply up to 3 watts at band center.  

life of both tubes, based on cathode loading, is at least  40, 000 hours. With 

33 db of gain at saturation the TWT as  a power amplifier requires  only slightly 

m o r e  than a milliwatt of drive. 

Certain TWT’s on the other hand, exhibit 

In particular the 

Furthermore,  measurements  of the  314H at STL have verified 

The predicted 

The 2-watt TWT would be a n  appropriate dr iver  for either the  tr iode 

o r  amplitron as a final stage. 

low power (milliwatts) dr iver  would be needed. 

t h e  TWT output would be limited t o  about 2. 5 watts by voltage controlling the 

beam current.  

However, the tube efficiency will suffer by such operation. 

349H, Hughes reduced the output power by 6 db, the gain dropped 4 db, and 

the  efficiency went f rom 28 percent to 19, 6 percent. The effect of reducing the 

output power by 10 db as required for  Able-M would of course  have to be simi- 

l a r l y  measured and evaluated before this mode of operation could be recommended 

If a 25-watt TWT were available, then only a 

F o r  the ear ly  par t  of the flight 

The gain would a l so  be reduced in approximately the s a m e  ratio. 

In one tes t  of the 

The overall transmitter block diagram is shown in F igure  VII-2. The 

output f rom the receiver  a t  115 Mc is phase modulated with the telemetry in- 

formation. 

radian deviation at the output frequency. 

modulator generates 0,5 watt to dr ive the varactor multiplier. 

p l ie r  will have an  output of 50 mw or  a conversion loss  of 10 db. The multiplier 

will use four idler circuits a t  the second, fourth, eighth and sixteenth harmonics 

of the input frequency. The techniques involved in  building high-harmonic multi- 

p l i e r s  have been previously studied at STL. 

which produced a 1786 Mc output at 20 mw when driven by 200 mw at 94 Mc. 

High-harmonic multiplier circuits have been found t o  be easier  to build and 

a r e  more  stable than a chain of several multipliers in cascade. 

At this frequency a deviation of 1/20 radian will resul t  in a one 

The power amplifier following the 

The x 20 multi- 

One example is a x i9  multiplier 

The former  
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a r e  especially to b e  prefer red  when the power l e v e l  is low enough to  prevent 

excessive varactor dissipation as  in the present case ,  

Following the low power dr iver  are  power amplif iers  Nos. 1 and 2. 

If, f rom fur ther  study and experimentation, the amplitron o r  tr iode prove suit- 

able  as  power amplifier No. 2, then power amplifier No. 1 should be one of 

the  nominal 2-watt traveling wave tubes discussed above. Should a 25-watt 

T WT capable of satisfactory operation at 2. 5 watts become available, then 

only a single pair  of power amplifiers in parallel  redundancy would be required. 

As shown in Figure VII-2 the inputs of t h e  pair  of power amplifiers 

No. 1 a r e  permanently connected together through a power divider. 

puts may be directed, through a 4-pole t ransfer  switch, either to the output 

selector switch o r  to-the inputs of the  power amplifier No. 2. The output of 

e i ther  amplifier No. 2 can then be connected to  the output selector switch which 

se lec ts  one of th ree  power levels -- 50 mw, 2. 5 watts o r  25 watts. 

level  f rom the solid-state driver will be used during the  boost phase while the 

vehicle is in the Earth’s atmosphere. Then the 2. 5 watt TWT output will p ro-  

vide,sufficient power to about 110 days out, after which point the 25-watt ampli-  

fier will be employed. The duty cycle of the t ransmit ter  for Able-M is depicted 

i n  F igure  VII-3. 

The out- 

The 50 mw 

2. Receiver 

The principal considerations in designing a receiver  for  this mission 

were: 

1) Compatibility with DSIF transmitting and receiving 
frequencies . 
Provision of a coherent transponder with the appro- 
pr ia te  frequency ratio (240/221) for two-way doppler 
measurement.  

Efficient reception and demodulation of the command 
information. 

Avoidance of self-lock and other spurious response 
phenomena. 

The last i tem was given especially heavy weight in the decision. 

diagram of the triple-conversion phase-lock transponder is  shown in 

The block 



--t- 
H 

30 'S l lVM 

5711-15 



Figure  VII-4. 

ABLE se r i e s  at a lower frequency, Approximately 80 receivers  of the ABLE 

design have been produced to date, 25 of which have been flown on space mis -  

sions with no record  of failure, 

The receiver i s  a modification of the design employed on the 

In Figure VII-4 the received frequency, 221 f l ,  is mixed with the 

locally generated signal 216 f l m  

and fi l tered by a crystal  filter in  the first i-f  amplifier. 

is fur ther  reduced in  frequency in the  second mixer  t o  f 

amplifier includes a crystal  f i l ter  and a l imiter.  

intermediate frequency f 

The difference frequency 5 f is  amplified 1 
Then the i-f  output 

The second i - f  1' 
In the third mixer  the second 

is mixed with the voltage-controlled oscillator (VCO) 1 
frequency f and the difference f 2  - f selected at the output. After amplifica- 2 1 
tion in the third i - f  amplifier, the signal is finally applied to the phase detector. 

The other phase detector input is  the locally generated reference oscillator 

signal, f 2  - f l .  

and then mixed in  the fourth mixer to produce an  output at 2f i .  This is subse-' 

quently amplified, doubled and applied to the second mixer,  and, after tripling 

and multiplication by 18, dr ives  the first mixer.  

The outputs of the VCO and reference oscillator a r e  doubled, 

The output of the phase detector is  amplified, f i l tered by the  loop 

filter and returned to  the VCO control input to complete the feedback loop. 

The feedback controls the VCO frequency and phase such that the coherent 

2 16 /221 rat io  is maintained at the fir st mixer  and the two inputs to  the phase 

detector a r e  in quadrature. 

The receiver  is of the triple-conversion type and so designed as t o  

Also drifts  in  the reference oscil-  minimize the  possibility of self-locking. 

l a to r  a re  cancelled and do not appear in the transmitted signal. 

tion of the  rece ivers  and the common preamplifier should provide a n  acquisition 

sensitivity of -148 dbm in the narrow-band mode. The receiver  can be operated 

with either a 500 cps o r  10 cps bandwidth. 

accomplished by sweeping the ground t ransmit ter  through the receiver  frequency. 

A frequency sweep of 30 kc should be adequate to cover the range of frequency 

uncertainty. 

The combina- 

Phase-lock loop acquisition is best  
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Ahead of the first mixer  in each receiver  is a single t ransis tor  pre-  

amplifier which allows low-noise distribution of the incoming signal from the 

antenna to the two receivers .  

i2veloped Texas Instruments t ransis tors ,  each of which a r e  rated at  9 d b  zain 

and 7. 5 db noise figure a t  3000 Mc. The t rans is tors  a r e  combined in a tuned 

r f  amplifier providing at least  1 0  db of gain and a substantial measur  e of pr  e- 

selection as  well. 

about 5 db. 

The preamplifier incorporates two newly- 

The noise figure of t h e  preamplifier a t  2300 Mc should be 

3. Antenna Groug 

The Able-M bus antenna group consists of a high-gaia antenna, an 

omnidirectional antenna, power dividers, a coupler, a switch, and a diplexer. 

Iaterccnnection is as depicted in  the d o c k  diagram of Figure VII-5. 

dividers and couplers a r e  used to  obtain the desired power division aild phase 

among the various antenna feed points. 

cornnand of one of the two antennas. 

tioaof the  receiver and trasnmitter with a single antenna. 

ditions, communications between spacecraft and ground is effected v ia  the high- 

gain antenna. An omnidirectional antenna is provided, however, which is user‘ul 

during the ear l ie r  phases of the flight o r  in case  trouble is encountered in the 

orientation control system. 

The power 

The switch allows selection upon ground 

The diplexer permi ts  simultaneous opera-  

Under nori-rd con- 

The high-gain antenna is of the circular  horn type and is mouated 

concentric with the rocket-nozzle ’neat shield on the aft end of the spacecraft  

a5 shown in Figure VII-6. 

E-plane and H-plane beamwidths. 

3ack”fard from the heat shield in  orEer to be removed f rom the rocket plui-=:e. 

The antenna is excited in a circularly polarized TE mode b y  four prohes 1 ~ -  

cate2 near the base and fed in phase rotation. The radiated energy is directed. 

along the aft spin axis and is  circularly polarized. 

bear,) circularity is obtained by adjusting the aper ture  diameter and  t h e  vane 

width. 

Internal radila vanes a r e  used for  equalizing the 

The outer end of the antenna s t ructure  slopes 

1 1  

Control of beamwidth an2  

4 

From these 

The radiation pattern, when adjusted to vary approximately z s  CGS 
8 , yields the optimum gain as is demonstrated in F igure  VII-7. 
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Figure VII-5. Block Diagram of Antenna Group for Able-M 
Bus Spacecraft 
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Figure VII-6.  Sketch Showing High-Gain Horn Antenna and Omni- 
Directional Sleeve-Dipole Antenqa for  use on the 
Able -M Bus Spacecraft 
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curves it is seen that the signal strength remains essentially constant after 

reorientation at 156 days and until passage of Mars.  

gain is in excess of that required,  

energy t ra jectory and will differ for  other t ra jector ies .  

a r e  with respect  to the aft spin axis. 

Before reorientation the 

These curves a r e  based on a minimum- 

The lock angles used 

The omnidirectional antenna consists of two elements, one mounted 

on each end of the spacecraft .  Each element. has  approximately hemispherical 

coverage, with the exception of a null along the spin axis, so that the  combina- 

tion of the two yields coverage throughout both hemispheres. Each element 

consists of a cylindrical sleeve approximately one half wavelength long; one 

is mounted around the horn, as shown in F igure  VII-6, on the aft end and the  

other  around the heat shield on the fore  end. 

mode by four in-phase inputs at the base; the four feed-points a r e  necessary to  

preclude the existence of higher -order modes. 

ized parallel  to a plane which includes the spin axis. 

Each sleeve is excited in the TEM 

The radiation is l inearly polap - 

The power dividers a re  of the coaxial type employing nominally a 

single-section quarter-wavelength matching t ransformer.  However, a two- 

section quarter  -wavelength matching t ransformer can be used to minimize the 

VSWR at the two specific frequencies of interest ,  io e. , the t ransmit  and r e -  

ceive frequencies, if necessary.  

The 3-db 90-degree coupler is of stripline construction. It is construc- 

ted so as to  yield a coupling of 3 db a t  both the t ransmit  and receive frequencies. 

The diplexer consists of two bandpass f i l ters  which connect the t r ans -  

mi t t e r  and receiver to the common antenna terminal. The f i l ters  each have 

four sections, or resonators,  of the coaxial, cavity type. Aperture or  loop 

coupling is used t o  couple the cavities. 

The basic requirement for the telemetry unit of the communication sub- 

system is to accept diagnostic and status data f rom the spacecraft  and status 

data  from the spacecraft (bus) subsystems, convert it to digital form and apply 

it to  the t ransmit ter .  Approximately 50 performance measurements  will be 
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needed and these will requi re  a data rate of about 0. 5 bi ts /sec,  not including 

data from a m i s s  distance indicator. 

modulation, high accuracy and ease of data handling, a digital PCM telemetry 

system has been chosen, Furthermore,  it is planned to use a te lemetry unit 

based on the design developed for  the 698AM program by STL. 

Based on considerations of efficient 

The DTU accepts both analog and digital measurements  and processes  

these into a time-multiplexed P C M  format.  

t o  a 6-digit binary number while the digital inputs can have 7 digits. 

analog output signal will be normalized to  a 0-3 volt range. 

DTU corresponds to  an  8-bit word in the output format. 

i s  always a one so that the ground demodulator can maintain bit synchronization. 

There  are  32 words to the f r ame  and four words in the  f rame a re  each t ime 

shared by 16  measurements.  

which is encoded with the time-multiplexed PCM. 

occurs  in the format the phase of the subcar r ie r  is reversed,  

no phase reversa l .  

The analog inputs a r e  converted 

Each 

Each input to  the 

One bit of each word 

The output of the DTU is a 1024 cps subcar r ie r  

Each t ime a binary "one" 

A "zero" causes  

A simplified block diagram of the digital te lemetry unit is shown in 

Figure VU-8. The basic elements a re  the clock, programmer,  multiplexe r, 

analog-digital converter,  combiner, and bi-phase modulator. The elements 

h e r e  a r e  s imilar  to the design used in the 698AM telemetry except for the inter-  

faces and concepts of redundancy, The clock is a 1024 cps tuning fork oscillator 

which supplies timing pulses to the programmer and a sine wave to  t h e  bi-phase 

modulator. The programmer  provides gating logic for the multiplexers, timing 

pulses  for the analog-digital conversion, and sampling pulses for  f r ame  synchro- 

nization, 

inputs t o  form a composite time-multiplexed PCM signal which then modulates 

t he  subcar r ie r ,  

c ombiner 

The combiner combines the output of the A-D converter with digital 

The f rame synchronization word is also inser ted in the 

Because of weight considerations, it is m o r e  efficient (by 2 pounds) 

to  apply redundancy within the DTU ra ther  than use two units, 

t h e  programmer  and A-D converter have redundant counterparts since these 

units have the greatest  number of in-line components. 

Therefore,  both 

The overall  reliability 
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of the DTU fo r  a period of 8 months and a space factor k = 2 is calculated to 

be 0, 988. 
lower component fail.ure ra tes ,  e. g. 20 x per  hour for t ransis tors ,  and 

over half the circuits in the DTU a re  repetitive. 

This figure is based on the fact that repetitive circuits can use much 

5. Command Decoder 

Each of the two command decoders must accept approximately 20 

d iscre te  commands. 

on an address  code transmitted with the command. 

provide security against the insertion of fa lse  commands either by internal o r  

external noise OF purposeful generation of unauthorized commands. Finally, 

compatability with DSIF and other ground equipment must  be assured. Con- 

sidering these requirements,  a digital system similar to those developed by 

STL for the Able-series and 698AM programs has been selected. 

20 decoders of this type have been built, and three  of these have operated in 

space for a total of 4000 hours without a failure. 

Commands a r e  routed to one o r  the other decoder based 

The command system should 

Approximately 

The Able-M command (Figure VII-9) system will employ a frequency 

The subcarr ier  will phase modulate shift keyed (FSK) subcarr ier  at 125 cps. 

the command t ransmit ter ,  

a binary none" while 100 cps will signify a n z e r ~ t c e  

consist  of a 3-bitaddress and a 6-bit command and i t s  binary complement. 

The complement is used to provide an  e r r o r  detection capability. 

output will be pulses designed t o  dr ive an 8 x 8 SCR matr ix  which in turn closes  

magnetic -latching relays,  

ceiving and executing 64 commands, 

A subcarr ier  frequency of 150 cps will represent  

The command word will 

The decoder 

This mechanization provides a capability of r e -  

To minimize the expendituye of time and money, a command s t ructure  

This consists of similar to that used on a previous program has been adopted. 

31 pulse periods: 1 sync, 3 address,  3 address  complement, 6 command comple- 

ment ,  6 command, 6 command complement, 6 command. Each pulse period 

will be one second long and the repetition r a t e  will be one pulse per  second. 

This  command s t ructure  provides for addressing up to eight decoders and offers 

high resis tance to the insertion of fa lse  commands. 

synchronization, each command transmissionwill be preceded by a t ra in  of 

z e r o s  to allow signal present circuitry within t h e  decoder to enable the de- 

coder  for command reception, 

In order  to establish 
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To meet  the reliability requirements of the mission a redundant con- 

nection of the two command decoders will be employed. 

can drive the output SCR matrix. 

and summed so that in the event of failure of either receiver both decoders will 

der ive a n  input f rom the remaining receiver .  

receiver  will disable the output i f  only noise is present.  

Either of the decoders 

The decoder outputs will be fi l tered,  detected 
I 

l 
A signal present re lay in the 
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VIII. MISS DISTANCE MEASUREMENT 

Fundamentally, the question of measuring miss distance is a 
t rade -off between tracking accuracy and instrumentation complexity. 

To be of substantial value to the mission, t hemiss  distance indicator 

should be betterithamtrackirig, which is, as shown in Section IV above, 

accurate  at least  to  t 0.25 Mars  radi i  and probably much better.  

Perhaps the mos t  recent measurement of the M a r s  radius is 

quoted in a report  by D. L. Lamar titled "Optical Ellipticity and 

Internal Structure of Mars .  The figure quoted here  is 3388 t 10 km 

at the solid surface of the planet and measured  at the equatorial plane. 

The polar radius is probably about 37 k m  l e s s .  Since the atmosphere 

is about 80 k m  thick, a measurement of the polar diameter including 

the atmosphere would correspond to a measurement  of the solid surface 

diameter a t  the equator. 

- 

- 

A number of techniques for measuring miss distance were considered. 

Radar at tbemaximum possible range of 15,000 n mi is, of course,  out 

of the question, and lasers a re  not sufficiently well developed for use in 

the 1964 missions.  A very  interesting technique would be to use the 

spacecraft  as a receiver  of 100 kw signals f rom Goldstone reflected off 

the surface of Mars .  ** However, optical and infra-sensors appeared 

the mos t  feasible and direct  approach. 

spacecraft  will pass the dark side of Mars ,  a preliminary analysis was 

made of an infra-red sensing device. 

Since it is possible that the 

The assumptions made in this very  preliminary design were:  

1) Sensing the angular s ize  of M a r s  is the only practical  
means  for  measuring miss distance. 

* J P L  Report RM-3127-JPL9 June 1962. 
* * Such a space experiment is presently under study by the Radio and 

Propagation Laboratory at Stanford University under the direction of 
Professor  Eshelman. Work by this laboratory and by STL show that 
this technique can be used, even a t  the present t ime, a t  400 m c  using 
the Stanford 150 foot antenna and 300 kw transmit ter .  
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2) The probe spin rate  is sufficiently high s o  that 
translation during a single spin revolution m a y  
be neglected. 

3 )  The spin rate  will be known accurately.  

4) The sensor should function regardless  of the attitude 
of the spacecraft. 

The infra-red thermistor  bolometer seems the simplest  method 

of determining the distance of closest approach to the planet. 

would be desirable for the measurements  to bemade a t  two wavelength 

bands; 1) at 14-17 microns,  which would correspond to the maximum 

flux due to CO 

and 2) a shorter wavelength region 64-11. 5 microns)  which would give a 

measu re  of the surface diameter since this region presents  a window through 

the GO2 and HZO. 
at these wavelengths ( >  5 microns).  

have the additional advantage of yielding a better figure for the thickness 

of the Martian atmosphere. 

of the radiation at these two wavelengths could be measured,  the surface 

temperature  could be determined by fitting these values to the appropriate 

blockbody radiation curve without the necessity of an absolute energy 

calibration. 

Figure VIII-1. 

It 

molecules and hence v ~ o u l d  kc lude  the Martian atmosphere,  2 

The reflected radiation is a l so  completely negligible 

These two measurements  would 

In addition, if the total relative intensities 

The properties cf Earth,  Mars and Venus a r e  shown in 

A. SENSING SYSTEM 

The sensing end of the miss distance measUrjng device is 

Another sensor  could shown in Figure VIII-2 f o r  a single sensor .  

very  easily be added. 

plane of a telescope having a srnail field of view [approximately 1 degree 

total). 

speed revolving m i r r o r  s o  that it sweeps out a plane in space; 'and the 

telescope - m i r r o r  combination is mounted such t'zat t5is plane contains 

the vehicle spin axis. 

blocked during half of each mirrcr  revolution by the spacecraft  and the 

limitations of the viewing window. 

A thermistor bolometer i s  mounted in the focal 

The optical axis of the telescope is rotated by means of constant- 

As shown in Figure V'EZH-2., the field of view is 
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W o v e  number i n  cm-1 

P i l l  ' I I I l ' f l ' I  f I 1 ' 1 f I  I I ' 1 
100,000 10,000 I.000 IO0 

106 I 
4 

0. I 0.3 I 3 IO 30 IO0 
Wovelength  in m i c r o n s  

Plot of flux of rcflccted solar or cmittcd planetary radi;ition as a 
function of wavclcngth or  wave numbcr. Thc cniittcd radiation is 
mcrcly blackbody radiation a t  thc spccifctl tcnipcraturc (cniissivity of 
onc) .  7'hc rcllcctcd or scnttcrcd solar r;itliation takcs into account thc 
changc of solar constnnt cluc lo avcragc distnncc from thc Sun. and 
assiirncs an albctlo (rlifTusc rcflcctivity) of 0.7 for Vcnus, 0.4 for 
Earth. and 0.15  lor Mars. The rlistrihiition of thc solar spcctrum is 
takcn to bc that of ;I 5783°K h1:ickhody. (Calciilatcd by N. T. Divine. 
I<ANII Corp.) 

F igure  VIII-I .  Plot  of Flux-Reflected Solar on 
E m i t  t e d Plan et a r y Radiation 
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The ra te  of m i r r o r  rotation is much grea te r  than the vehicle 

spin ra te  so  that during one spin revolution, the field of view of the 

telescope sweeps out the entire 47~ steradians surrounding the vehicle. 

When the field of view c rosses  the target planet, a pulse is seen on the 

output of the thermistor  bolometer. 

of the diameter of the cap of the spherical planet cut by that scan . 
the pulse of maximum width occuring during a single spin revolution is 

a measure of the planet angular diameter as seen from the vehicle. 

(The sun will probably not be seen by the sensor  o r ,  if it i s ,  it can 

easi ly  be rejected. ) 

and also in the section to follow that the spin axis does not intersect the 

planet. 

with increased circuit  complexity o r  the blocked period can be estimated 

from ear l ie r  and la ter  data. 

The width of this pulse is a measu re  

Thus, 

It has  been tacitly assumed in the above paragraph 

However, the present scheme can be extended to  include the case  

B. PROCESSING ELECTRONICS 

A block diagram of the signal processing circui t ry  is shown 

in Figure VIII-3. 

amplifies the pulses obtained by scanning the field of view ac ross  the 

planet. 

which c a r r i e s  distance information. 

gate and one of the counters, which had contained zero  count, counting 

clock pulses until the end of the signal pulse. 

are converted to analog signals and continually compared in the 

comparator circuitry.  When the end of the signal pulse is reached, the 

sequencing logic ac ts  upon the comparator output and c l ea r s  the counter 

to receive future clock pulses by means  of the steering network. 

An AC amplifier following the thermistor  bolometer 

These pulses are then clipped since it is the width of the pulse 

The clipped pulses enable an 'land'l 

The outputs of each counter 

The circui t ry  is now prepared to accept the next signal pulse 

and the above sequence of events is repeated until a r e se t  pulse, 

indicating that the vehicle has  completed a spin revolution, is received 

by the sequencing logic. 

counter with the lower total count and then enables the sample and hold 

circuit  s o  that it retains the output of the uncleared counter. 

counter is then cleared and the circui t ry  is ready for another measuring 

cycle. 

At this t ime,  the sequencing logic c l ea r s  the 

This 

It can be seen that the output of the sample and hold circuit  
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is a measu re  of the angular diameter of the planet as seen from the 

vehicle. 

ear th  and the miss distance may  then be computed from the maximum 

diameter  measured.  

of approach and recession of the vehicle with respect to the planet. 

This signal m a y  be recorded for later transmission to 

Also avai labh from this device are the velocities 

C. ACCURACY 

It appears comparatively easy  to build the sensor  to work 

to an accuracy of about 1 percent on the angular diameter measurement  

i f  the maximum distance of closest approach is 15, 000 n mi and 0. 5 

percent or  l e s s  a t  1,000 n mi. 

known to within about a small fraction of a percent, improving the 

accuracy of the sensor  is desirable. (-It is possible that the tracking 
accuracy m a y  actually assist in determining the M a r s  diameter should 

the sensor achieve the predicted accuracy. } 

Since the diameter of M a r s  is apparently 

D. SIZE, WEIGHT, AND POWER 

The telescope, m i r r o r ,  m i r r o r  drive motor ,  and bolometer 

a r e  contained in a box, external to the spacecraft ,  of dimensions 3" 

by 2" by 1". 

by 4" by 1". 

The electronics are contained in a box of dimensions 4" 

The weight of the entire unit will be less than 1. 5 lbs.  The 

power consumed by the subsystem will be about 5 watts; however, this 

power consumption is not crucial since the unit is only required to 

operate for a period of, at mostP  a few hours.  
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EQUIPMENT LIST 

I .  DIVIDER 6. DIGITAL TELEMETRY UNIT 
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BOLTED SERVICE JOINT d 

3LE-M BUS AND NASA CAPSULE 
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CAPSULE SEWRATION SPRl NG 
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BATTER ES 
P 

‘-EQUIPMENT PANEL 
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SPACE TECHNOLOGY LABORATORIES, INC. 
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Figure IX-1. M a r s  Encounter Spacecraft 
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IX.  MARS ENCOUNTER SPACECRAFT DESIGN 

The modifications required of the Able-M spacecraft  to make i t  suitable 

for Mars  Encounter Mission have been investigated. 

have been studied in  equal detail,  the major changes required have been 

identified and accounted fo r .  However, specific details which depend upon 

the t ra jectory selected,  such as  s o l a r  a r r a y  output, thermal  control, re l i -  

ability and l ifetime, have not been ‘analyzed, 

Although not all a r e a s  

The Mars  Encounter Spacecraft (F igure  IX- 1) which contains the NASA 

M a r s  landing capsule, i s  a modified Able-M spacecraft  and utilizes most 

of the components f rom the the Able-5 vehicle. 

spinning vehicle with a spherical  shell using the Able- 5 temperature  control 

blades,  hydrazine motors  fore  and aft for vernier  correct ions,  and four 

unfolding solar  paddles remains  unchanged. 

the Able-M and this encounter vehicle i s  the internal configuration. 

The basic  concept of a 

The main difference between 

The Able-M spacecraft  had a la rge ,  centrally located, spherical  hydra- 

zine tank. 

Encounter Spacecraft. 

which, when separated f rom spacecraft ,  allows the M a r s  entry capsule to 

be ejected away f rom the spacecraft bus. The hydrazine is  car r ied  in  a 

toroidal tank which surrounds the capsule. Since the diameter  of the cap- 

sule and toroidal &ank i s  l a rge r  than that of the Able hydrazine tank, a new 

equipment shelf, somewhat lower on the spacecraft ,  replaces  the Able 

equipment shelf. 

This space i s  used f o r  the entry capsule of the proposed Mars  

The forward portion of the spacecraft  is  a cover 

The bat ter ies  a r e  mounted on the bottom of this shelf. 

The two Able-5 four- s ta r t  monopropellant hydrazine engines, one 

forward and one aft ,  provide midcourse correct ions.  

mounted around the aft nozzle with anomnidirectional antenna outside of 

the horn,  

nozzle. 

and i s  sized for  a single reorientation manuever a f te r  about 150 ,days for  

A horn antenna is  

Another omnidirectional antenna is  mounted around the forward 

The cold g a s  reorientation system is taken directly f rom Able-M 
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the 1964 mission. 

located on the forward cover of the spacecraft. 

assemblies a r e  identical to those used on the Able-5 vehicles. Using the 

existing hydrazine motor assemblies and installing the NASA capsule r e -  

quired that the spacecraft  be lengthened by 2 . 7 5  inches over the Able-M 

envelope. This approachwas followed rather than a redesign of the motor 

assemblies  in o rde r  to avoid an extensive development and tes t  program of 

a new hydrazine motor system. 

Nitrogen for this system is s toredin four spherical  tanks 

The monopropellant motor 

The installation of a jettisonable capsule in the space formerly-occu- 

pied by the hydrazine tank requires a redesign of the major  portion of the 

structure.  The booster adapter structure,  the tank support s t ructure ,  and 

the aft motor support s t ructure  a r e  takenfrom Able-M. A conical sheet 

metal  s t ructure  surrounding the capsule, extends, forward f rom the tank 

support s t ructure  to the forward cover service joint. 

and equipment platform attach to this conical structure.  The forward cover, 

which supports the forward motor assembly and reorientation nitrogenitanks, 

holds the capsule in  place against a spring. The forward cover is separated 

f r o m  the spacecraft  by firing a shaped charge just forward of the service 

joint and the capsule is ejected by the compressed spring. 

The toroidal tank 

The spacecraft power supply system, including the solar  cell  paddles 

and bat ter ies  is identical to the one used on the Able-M vehicle. The ther- 

mal control system, employing rotating blades, is  a lso identical to the one 

used  on Able-M. 

in Table IX- 1. 
Able-M bus plus NASA capsule weight breakdown is  given 

1 
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Table IX- 1 . Able-M Bus P lus  NASA Capsule 

Weight Breakdown 

NASA Capsule . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  94.0 

Structure  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  93.0 

Tempera ture  Control . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  21.4 

Communication and Data Handling (Including antenna system) . . . .  46.7 

Power Supply Sys tem . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  104.3 

Reorientation Sys tem . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  12.5 

Dam-2er . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1 . 0  

Pro,3 ulsion Sys tem . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  34.2 

a Dry  Weight Subtotal 407 .1  lb 

Hydrazine (for  750 f t / s ec )  . . . . . . . . . . . . . . . . . . .  44.0 

S ta r t  Fue l  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0 . 2  

Nitrogen f o r  Pressur iz ing  . . . . . . . . . . . . . . . . . . .  1 . 2  

* 

Payload G r o s s  Weight 452 . 5 lb 
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